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Abstract

Interaction of shock waves with turbulent boundary layexyplan important role in the de-
sign and operability of high-speed aerospace vehicles afitemathing engines. The adverse
pressure gradient of the shock is often strong enough toatepiae boundary layer. Reynolds-
averaged Navier-Stokes simulations using conventiomautance models do not predict the
correct size of the separation bubble in strong shock/tanttdbboundary-layer interactions. The
corresponding surface predictions exhibit large disanepavith respect to experimental mea-
surements. The inaccuracies are often attributed to théfatconventional turbulence models
do not account for the unsteady effects in shock/turbulenhdary-layer interaction. Sinlet
al. (Physics of Fluids, 2003) propose a model for the shockeaushess effect, which gives the
correct amplification of turbulence kinetic energy in shibcknogeneous turbulence interaction.
The shock-unsteadiness modification is also found to imgrowdel prediction in supersonic
compression corner flows, especially in the vicinity of gagian point.

In the present work, the shock-unsteadiness modificatiappdied to a series of canoni-
cal shock/boundary-layer interactions at hypersonic Magahbers. The focus is to predict the
separation bubble size accurately using shock-unstesgiooerected one- and two-equation tur-
bulence models. The configurations studied are: (i) twoetisional oblique shock/boundary-
layer interactions at Mach 5, (ii) three-dimensional sinfjh configurations at Mach 5 and (iii)
axisymmetric cone-flare geometries at Mach of 11 and 13. Ailéetdescription of the mean
flowfield is presented for each case and the computed surbdaesdcompared to experimental
measurements. The challenges involved in the implementafishock-unsteadiness model in
the presence of multiple shocks and expansion waves issdiedun detail. It is found that
a careful implementation of shock-unsteadiness modeltsesuclose matching of the shock
structure, separation bubble and wall pressure with theraxents. The shock-unsteadiness
model is also applied to a two-dimensional practical sceamnjet, where the geometric varia-

tions add to the complexity of the flowfield. The cowl shoclenaicts with the boundary layer



on the opposite wall and the simulation yields a reliableljmtéon of the resulting flow separa-
tion inside the duct. Overall, the shock-unsteadiness fivation is shown to be a valuable tool
for simulating shock/boundary-layer interaction in preaity relevant geometries at hypersonic

Mach numbers.

Keywords. high-speed flows, shock wave, turbulent boundary laygarsgion bubble, turbu-

lence modeling, hypersonic, single-fin, scramjet inlehesflare
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Chapter 1

Introduction

High-speed aerospace vehicles, flying at supersonic anerégpic Mach numbers, generate
shock waves. The shocks from different parts of the vehitdieract with the boundary layer
on the walls. The abrupt change of flow quantities across akshesult in sever distortion
of the boundary layer. If the adverse pressure gradienteashiock is strong enough, it can
cause local flow separation and attachment of the boundgey.larhe viscous effects in a
separated boundary layer are not only confined to near wgilbme but flow separation can
cause additional shocks, expansion waves and shear layelthus can result in significant
distortion of the inviscid flowfield around the vehicle.

Shock/boundary-layer interactions are observed in mamtg fgd high-speed aerospace
vehicles. For example, deflected control surfaces, intakes-breathing engines, wing-body
junctions, supersonic combustors, and nozzles. It is camimoase of multi-body aerodynam-
ics, where the bow shock from one body can impinge on the banyridyer on the neighboring
body surface. Local flow separation in these applicatiomsaiter the characteristics of the
vehicle. It can also result in reduced performance of engoraponents. For example, flow
separation caused by cowl shock impingement is found to herroancern for inlet unstart of
a real-life scramjet engine [1].

At high Reynolds number, the boundary-layer on the vehialéase is often turbulent.
The turbulent fluctuations in a boundary layer get amplifiegpassing through a shock wave.
The interaction of turbulent fluctuations with a shock wameolves complex physical pro-
cesses, which determine the magnitude of turbulent fluctusitlownstream of the shock. The
level of turbulence amplification at the shock has a signitiedfect on shock/boundary-layer

interaction, specifically on the extent of flow separatiod #re peak heating at reattachment.



Reynolds-averaged Navier-Stokes (RANS) methods are lysemalployed to simulate
such flows, where the effect of turbulent fluctuations on tleamflowfield is accounted by us-
ing turbulence models. Most of the conventional turbulencelels are developed in low-speed
flows and they cannot reproduce the complex physical effeetdved in shock/turbulence in-
teraction. This puts severe limitation on the accuracy efcbmputed flow solution in the
presence of strong shock waves [2, 3, 4]. The separationidsite is often predicted incor-
rectly, and it results in a flow topology that does not matcpegdnental observations. Many
modifications have been proposed [5, 6, 7, 8] to extend thesloeed turbulence models to
high-speed applications. The modifications are often garnd their performance vary from
one test case to another.

In a shock-wave/turbulent boundary-layer interactior,2hock wave oscillates about its
mean position in response to the unsteady turbulent fluonspassing through it. The scale of
turbulent motion is a function of the boundary layer cormfit, like Reynolds number, which
in turn is expected to influence the scale of shock motionbUlence models used in RANS
treat the shock wave as steady, and do not account for theadysimotion of the shock. This
has been pointed out as one of the major limitations of exgdtirbulence models [2, 9].

Sinhaet al.[10] study the effect of shock-unsteadiness on turbulengaification across
a shock wave. An additional source term is identified in theulent kinetic energy (TKE)
equation that is proportional to the correlation of the $hgppeed and the streamwise velocity
fluctuations. An in-phase coupling of the unsteady shockianawith the upstream turbulent
fluctuations is found to have a damping effect on TKE ampliftca They develop a model for
the shock-unsteadiness effect based on results from linesaaction analysis [11]. The new
model matches direct numerical simulation data for thewdianh of TKE, when a homogeneous
isotropic turbulence field interacts with a normal shock. @ynparison, standard models like
k-e andk-w, which neglect the shock-unsteadiness damping effectlyoaplify the turbulent
Kinetic energy across a shock wave.

The shock-unsteadiness modified turbulence models weléedpp a canonical shock
boundary-layer interaction in a series of compressionaoconfigurations [12]. The imple-
mentation was based on identifying the regions of shock &mot@ compression. The correc-
tion was then applied in terms of the local upstream Mach rermaba given shock location.
The shock-unsteadiness modification was found to resuigmfgcant improvement in the size

of the separation bubble. The predicted separation buld®d@ strong interactions matched



with the experimental measurements, and it had negligiféetan case of weak interactions,
where the existing model predictions are reasonable. Thas;orrection reproduced the cor-
rect trends with varying Mach number that is observed in ttgeements. Also, its basis on
an important physical phenomena, along with a simple implgation in existing CFD codes,
make it appealing to adopt the shock-unsteadiness cameftir turbulent high-speed flows
dominated by shock waves.

Earlier applications of shock-unsteadiness correcti@nliarited to simple compression
corner configurations at supersonic Mach numbers. In thikwbe correction is applied to

other, more complex configurations at significantly highexddl numbers to study the follow-

ing.

1. Assess the performance of the shock-unsteadiness watrecbulence models in two

and three-dimensional shock/boundary-layer interastion

2. Study the implementation of the shock-unsteadinesgction in the presence of com-

plex shock structure involving multiple shock/expansicaves.

3. Apply the shock-unsteadiness correction to a realistiarsjet intake flow simulation to

accurately predict the size of the separation bubble irthieénlet duct.

1.1 Overview

The report is divided into ten chapters. Chapter 2 preselfitsrature survey on commonly

studied canonical shock/boundary-layer interaction® fldw topology is described and avail-
able experimental measurements are surveyed. A briedtiter survey on evaluation of com-
monly used one- and two-equation turbulence models in shasle/turbulent boundary-layer

interactions is discussed. The limitations of standard and two-equation turbulence models
are documented. The shock-unsteadiness effects in thiesadtions and its modeling is also
presented.

Chapters 3 and 4 describe the simulation methodology. €h&pmtescribes the governing
equations and the turbulence models. It also presents timenal method used in the in-
house CFD code. Specifically, the flux-vector splitting ailgpon of Steger and Warming [13] is
described. The time-integration and boundary-conditamesalso presented. The development

of shock-unsteadiness model and its evaluation to shaobkiteence interaction is described in
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Chapter 4. The implementation of shock-unsteadiness @@reto one- and two-equation
models is also presented.

Chapters 5, 6, 7 and 8 describe the current research work. applécation of shock-
unsteadiness model to four shock-wave/turbulent bounrldgsr interaction configurations is
studied. These include (i) two-dimensional oblique shaegingement, (ii) three-dimensional
single-fin, (iii) two-dimensional practical scramjet inknd (iv) axisymmetric cone-flare. The
flow physics details are emphasized and the computed wallnl#te interaction region is com-
pared with experimental measurements. The focus is togirtbei flowfield topology accurately
using the shock-unsteadiness model in these shock/tmtudeindary-layer interactions.

Chapter 9 describes the conclusions based on the research ™M@ contributions of the

current research work are also presented.

1.2 Scope of the work

Chapter 5 presents the two-dimensional interaction of eldl@mt oblique shock with turbulent
boundary-layer on flat plate. The shock/boundary-layesradtions at Mach 5, span a range
of deflection angles with large flow separation for strongcgisato attached flow for weak
shock. A detail description of computed flowfield is presdrdaad the wall data is compared
with experiments [14]. Presence of multiple shock wavesfimwdexpansion in the interaction
region make it more challenging to implement the shockeadiness correction than earlier
compression corner applications. The shock identifyimgfion is appropriately altered and the
calculation of the variation of upstream Mach number nontoaliffernet shocks with varying
shock strengths is included in the simulations. The reshtsv that a robust implementation
of the shock-unsteadiness model yields significant impr@rg in prediction of flowfield and
wall pressure.

Chapter 6 describes the shock/boundary-layer interaati@npractical inlet. The focus
is to study the separation bubble size resulting from theinggment of the cowl shock on
the opposite wall. The resulting separation bubble can tedndockage and inlet unstart, total
pressure loss and degrade the quality of flow entering thebustion chamber. The shock-
unsteadiness parameter is calibrated to match the expegaireeparation location closely for
a range of oblique shock/boundary-layer interactionsegresl in Chapter 5, and is used in

the simulation of the present inlet duct configuration. Satians predict a complex flowfield



inside a inlet duct including a large separation separdiidvble, and multiple shock waves,
expansion waves and their reflections. The size of the semadaubble is validated against
experimental data of canonical flows.

Chapter 7 describes the computed results of three-dimeaissingle-fin configuration.
The inviscid shock generated by the fin interacts with boonldger on the adjacent flat plate to
form a complex three-dimensional flowfield. The boundargfeseparates to a conical vortex.
The inviscid shock bifurcates and forms a lambda shocktrecone edge being the separation
shock and the other being the rear shock. Application of tieels-unsteadiness correction
leads to improved prediction of separation location. Thapoted surface pressure distribution
is also predicted accurately.

Chapter 8 studies computed results for shock/boundass-limgeraction on a cone-flare
configuration at Mach 11 and 13. Four test cases are studiath\span the range from weak
shock strength with no flow separation at the corner to stetragk strength with a large sep-
aration bubble at the cone-flare junction. A naturally dep#lg turbulent boundary layer
on a long cone interacts with an oblique shock generatedeatdhe-flare junction to form
shock/boundary-layer interaction. A local pressure psakiserved immediately downstream
of the reattachment point. This is caused by the interactiseparation shock and reattachment
shock in this region. Using the shock-unsteadiness caoretite size of the separation bubble
and the peak wall pressure compare well with the experirhemasurements [15]. This, in
turn results in close matching of the shock structure withekperimental shadowgraph.

The above applications show that the shock-unsteadinedsinianplemented correctly
yields significant improvement in predicting the separababble, shock structure and the wall

pressure for a range of shock-boundary layer interactionsigh Mach numbers.



Chapter 2

Shock/turbulent boundary-layer

Interaction flows

2.1 Introduction

Shock/boundary-layer interactions occur in many highesiplow applications. The geomet-
ric complexity in a realistic aerospace vehicle makes fidaift to understand and analyze the
shock/boundary-layer interactions. The complex configomacan be broken down into sim-
pler geometries, which can isolate different kinds of skibgalundary-layer interactions. These
simplified geometries are called canonical configuratiorgese include compression corner,
obliqgue shock-wave impingement, cylinder-flare, coneefland three-dimensional configura-
tions like single-fin, axial corner and double-fin. In thes@manical flows, the shock-strength
and boundary layer can be controlled by varying flow deflecaagles, Mach numbers and
Reynolds numbers. Also, both the shock-wave and upstreamdaoy layer to interaction are
clearly characterized in these flows.

The canonical flow geometries have been extensively stumiegkperimental and com-
putational methods [16, 17, 9, 4, 18]. The articles by PanHi8], Thivetet al.[20], Knight
et al. [21, 9], Holdenet al.[22, 23], Arnal and Delery [24, 25], Zheltovodet al. [26, 27],
Dussaugeet al. [18] and Royet al. [4] give insight into the flow physics and surface proper-
ties. Experimental schlieren flowfield images, velocityfies, wall pressure, skin-friction and
heat transfer rate measurements are available. As an engigepproach, the computations
are performed using Reynolds-averaged Navier-Stokes AMethods. Wide range of turbu-

lence models are used in the computations like zero-equatite-equation, two-equation and



their modified versions to predict flowfield, wall pressurd akin-friction coefficient.

In this chapter, we summarize the experimental and compuotdistudies for shock/boundary-
layer interactions in four canonical geometries: compogssorner, oblique shock impinge-
ment on a flat plate, axisymmetric cylinder-flare and thrigeethsional single-fin. The objective
is to evaluate the accuracy of the existing computatiorsllte. Specifically, we focus on one-

and two-equation turbulence models that are most commag in practical applications.

2.2 Supersonic compression corner

The two-dimensional compression corner is the simplest cdshock/boundary-layer inter-
action and is shown in Fig. 2.1. It consists of a flat plateciwkd by a ramp inclined at an
angle off with respect to the flow direction. An inviscid supersoniaflover the compression
corner generates a single oblique shock at the corner (ge.Bi) due to flow compression
by the ramp surface. In Fig. 2.1b, the shock at the corneraote with the upstream turbulent
boundary layer to from shock/boundary-layer interactiegion. The compression corner finds
application in many areas, like flap controls, fuselage tures, and engine inlet, whose study
is important from aerodynamic point of view.

The boundary layer on the flat plate experiences an adveessyre gradient across the
shock wave and separates the flow. The streamline showingxteat of separation region is
plotted and the separation and reattachment points aréfiddrby S and R. The size between
S and R determines the size of the separation bubble. Theityepwofile gets reversed in the
separation bubble and is plotted in the figure. The separatibble acts as a blockage to the
upstream flow and generates an oblique separation shocKldeShoundary layer goes over
the separation bubble to form a free shear layer. As the freardayer attaches on the ramp, it
generates compression waves. The compression wavesatldserm a reattachment shock.
The flow remains subsonic inside the separation bubble.

Experiments [28] have been performed for different comgices flow configurations.
Flowfield schlieren images, and surface measurementsidsspre and skin-friction have been
studied. Compression corners with Mach numbers in theityoiri 2.9 and deflection angles of
8°, 16°, 20°, 24° and25° span the range from attached flow to large boundary layerseépa
The unit Reynolds number lies in the vicinity 8, = 7 x 10"m~" for the experiments. These

configurations have been computed by different authorsgpising different turbulent models
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Figure 2.1: (a) Inviscid supersonic flow over compressiomeogenerating an oblique shock
at the corner. (b) Viscous flow over compression corner wahasation shock, reattachment
shock and separation bubble (reproduced from [25]).

for predicting surface-pressure and skin-friction.

Many researchers have studied for the strong interactie® @&4° compression corner at
Mach 2.84. The shock/boundary layer interaction resultarge flow separation. The normal-
ized surface pressure distribution and skin friction cogffitC'; are shown in Fig. 2.2, where
experimental data of Settles al.[28] is also plotted with open circles. The streamwise dis-
tances along the plate and the ramp is normalized by the incomingntary-layer thickness
00, Wheres = 0 represents the corner. The wall pressure remains camstidwe boundary layer
before the shock/boundary layer interaction region. Th&lpressure rise location is atd, =
-2. The pressure rises across the separation shock andair®gonstant in the plateau region
of the separation bubble. Next, it rises further in the egditinent region and remains constant
over the ramp surface. The skin friction remains constartbupd, = -2 before the interaction
region. TheC drops ats/d, = -2 which is same as initial pressure rise location. Thereis

experimental data available in the recirculation regiod Hre separation S and reattachment
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Figure 2.2: Comparison of computed [12] (a) normalized axafpressure (b) skin-friction
coefficient along 24° compression corner at Mach 2.84 obtained using the staridaahd
k-w models with experimental data [28].
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Figure 2.3: Comparison of computed [12] (a) normalized axafpressure (b) skin-friction
coefficient along 24° compression corner at Mach 2.84 obtained using the star®jzalhrt-
Allmaras model with experimental data [28].

points R are marked wherg; = 0. The boundary layer is compressed across the reattathmen
shock wave and results in a higher skin friction downstre&the reattachment point(d, =
0.4).

Computations have been performed by Wilabal. [29], Coakleyet al. [6], Haidinger
et al. [30], Forsytheet al.[31], Liou et al. [32], Gerolymoset al. [33], Sinhaet al. [12] and
Oliver et al. [34] for this flow configuration using standard one- and tvgoragion turbulence

models. The computed [12] wall pressure and skin-frictising standard:-w-88 [35] and
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k-¢ [36] models is shown in Fig. 2.2. Both models predict the ssjp@n shock location down-
stream of the experiment. The reattachment pressure riskeoramp is also overpredicted
by both models. The skin friction plot shows that the modetdzt a later separation than
the experiment. The reattachment location is also dowestref the experimental data. The
k-e model overpredict§’; on the ramp, whereas tite.w model predictions are higher than the
measurements downstream of reattachment. A similar treotiserved by the low-Reynolds
numberk-e¢ Chein model [37] and-w-91 [38] andk-w-98 [76] models computed by the above
researchers.

The computed results in Fig. 2.3 show that the standard &psllanaras model predicts
the separation shock location upstream of the experimér pfessure plateau is overpredicted
and the pressure on the ramp is lower than in the experimeatal TheC'; drops earlier /4
= 2.7) and reattaches latet/¢, = 3.2) as compared to the experiment. This results in lamge si
of separation bubble. Th&; on the ramp is much lower than the experimental measurement.

Various authors [9] have studied for lower deflection angfess, 16° and20° compared to
the above24° case. With the same Mach number of 2.84 and lower deflectiglesithe shock
strength reduces, hence reduces pressure gradient areosisack wave. The lower pressure
gradient reduces the size of the separation bubble. Alsgpélak load at reattachment region
decreases with reduction in shock strength2(f deflection angle case, the standéare, k-w
and Spalart-Allmaras models show similar trends of walspoee and skin-friction as observed
in 24° case. The two-equation turbulence models predict initiekgure rise location down-
stream. The wall pressure ang is high at the reattachment region. Also a small separation
bubble is predicted. The standard Spalart-Allmaras modelpwedicts the separation bubble
size and underpredicts; at the reattachment region.

An incipient separation bubble is observed in tt& case. When the flow across the
shock wave just begins to separate it results in very smadirsgion bubble size called incipient
separation bubble. The pressure variation does not haveigtinct pressure plateau in this
case as observed in higher ramp angle cases. The standantehae models predict wall
pressure and skin-friction close to the experiments indhge, but still show higher values of
skin friction at reattachment. The flow remains attached ramdeparation bubble is formed
in the weakest interaction case &f. The flowfield and wall data predicted by the standard

turbulence models matches well with the experimental data.
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2.3 Hypersonic cylinder-flare

The geometry of axisymmetric cylinder-flare shown in Figla2is similar to the compression

corner. The plate and ramp in compression corner (Fig. Zdmgspond to cylinder and flare

respectively. The flare makes a deflection anglé wfth the cylinder. The inviscid hypersonic

Mach flow over cylinder-flare in Fig. 2.4a causes the shocletmbre inclined compared to the

supersonic compression corner case (Fig. 2.1a). This musedor the same deflection angle,
as the Mach number increases the shock angle decreasesow!sgrticture in shock boundary

layer interaction in cylinder-flare configuration (see FAglb) is similar to that of compression

corner (see Fig. 2.1b). A separation shock, reattachmecksind separation bubble is formed
in the shock/boundary-layer interaction region.

inviscid
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—

cylinder

(@)

|expansion

r reattachment
shock

7!}1!171}!/!757777111{{?f?'?/f1/"7’1}!
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Figure 2.4: (a) Inviscid hypersonic flow over cylinder-flgenerating a more inclined oblique
shock at the corner. (b) Viscous hypersonic flow over cylirftlee with separation shock,
reattachment shock, shock-shock interaction and sepatatibble (reproduced from [39]).

In hypersonic flows, due to high Mach number there exist soiffiereinces in the flow
topology as compared to supersonic flows. The high Mach ntsniesults in stronger shock
waves than supersonic cases. The high shock strength amer [pigessure gradient results in a

large separation bubble. Also, the high Mach numbers genérecker boundary layer on the
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Figure 2.5: Experimental [42] and computed [6] (a) wall gtee and (b) heat transfer rate
for hypersonic cylinder-flare witi/,, = 7 and flare angle 35° using standard two-equation
models.

upstream of the interaction region. The separation andaanent shocks are more inclined
to the flare surface. The separation shock interacts witheiiitachment shock and often forms
type VI shock-shock interaction [40]. A shear-layer and apamsion fan is generated at the
triple point. This shock-shock interaction affects the lykssure and heat transfer rate as
described below.

Experiments [41, 42] and computations [6, 45, 3, 46] havenlpeaformed for different
flare angles oR0°, 27°, 30°, 33° and 35° and Mach numbers in the vicinity of Mach 7 for
cylinder-flare configuration. Hypersonic two-dimensioc@ampression corner and axisymmet-
ric cone-flare configurations result in a similar kind of natetion compared to cylinder-flare.
Experiments [44, 43, 28] and computations [6, 3] were perf for compression corner with
Mach numbers in the vicinity of 7, 8 and 9 with deflection alsgbé 15°, 27°, 30°, 33°, 36°
and38°. Also, cone-flare geometries have been studied experithe[it&] and computation-
ally [45, 107, 47, 48] fo6° cone angle and flare angles3of and36° at Mach of 11, 13 and 16.
Flowfield schlieren images, and surface measurementsidsspre and heat transfer rate mea-
surements have been done. The computations using stantardral two-equation turbulence
models and modified version of these models have been carried

The normalized wall pressure is shown in Fig. 2.5a for cydimfliare atV/,, = 7 and flare

angle =35°. The experimental data [28, 42] is shown by solid circleserérare some key dif-
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Figure 2.6: Comparison of computed [50] surface pressutteaxiperiments [22] for hypersonic
flare at Mach 7.2 and deflection angle3af.

ferences between the current hypersonic shock/boundgey-interaction case and supersonic
compression corner case (see Fig. 2.2). First, the pressaracross the separation shock is 10
- 20% of the inviscid pressure rise in hypersonic case, vdsaresupersonic case the separation
shock pressure contributes to 30 - 40% of the overall pressse. This is because the separa-
tion bubble in hypersonic case is much thinner than the sopér case and therefore results in
a smaller flow deflection and hence a smaller pressure rissan8by, the interaction between
the separation and reattachment shocks in hypersonic sasere inclined and much closer
to the flare surface and causes a local peak in surface pedssilire reattachment region (see
Fig. 2.5a). This local peak pressure is not observed in thersonic compression corner wall
pressure (see Fig. 2.2a). The overall pressures in hypersases are always higher compared
to supersonic cases. The heat transfer data in Fig. 2.5tshts@s a similar variation to skin
friction (Fig. 2.2b) in supersonic flows where the standavd-equationk-¢ and k-w models
show higher values at reattachment point. The standarcetywation versions of-¢ and k-w
models in Fig. 2.5b shows peak values of heat transfer aetittaichment point.

Simulations by Huang and Coakley [6] have been done usimglatdk-w and k-¢ tur-
bulence models. The standaket-LS [36], k-e-JL [49] and k-w [35] models predict initial
pressure location later than experiments, hence show segaration region. The shock-shock
interaction region is predicted upstream. This causeseh& palue to underpredict at the reat-
tachment region. Also, the location of the peak pressurkiftes upstream. Later we will see

in Chapter 8 that prediction of separation location cotyastimportant to get the location of
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peak pressure.

Figure 2.6 shows a comparison of the computed [50] nornmiizdl pressure with exper-
iments [22], for flare ail/,, = 7.2 andd = 33° The standard Spalart-Allmaras model predicts
initial pressure location close to corner, hence predietgigible separation bubble. The local
maxima at reattachment is not predicted. This is becausesdaparation bubble is negligible
and results in no shock-shock interaction, thereby no pesdspre is predicted at reattachment.
In Sec. 2.2 we have seen that the standard Spalart-Allmasdelroverpredicts the separation
bubble in supersonic shock/boundary-layer interacti@esdsee Fig. 2.3), whereas in case of
hypersonic shock/boundary-layer interaction, the sejerdoubble size is underpredicted by

the same model. The cause for these differences is explairget. 8.4.1.

2.4 Oblique shock impingement

The two-dimensional oblique shock impingement case is showig. 2.7a with flat plate and
an external shock wave generator with deflection angke dfhe oblique shock impingement
case finds application in analysis of internal flows such aisitikes of high speed air-breathing
engines. An inviscid supersonic flow over the shock geneatoduces an incident oblique
shock (see Fig. 2.7a). This incident shock impinges on flatephnd is reflected. The shock
strength at impingement point is given by the total invisgrdssure rise across the incident
shock and the reflected shock. Whereas in case of compressiner (see Fig. 2.1a) the in-
viscid shock strength is given by the pressure rise acrassitigle oblique shock at the corner.
The incident oblique shock (see Fig. 2.7b) interacts withttirbulent boundary layer on the
plate and results in a complex flow pattern as explained below

The adverse pressure gradient across the incident obliguoi sauses the boundary layer
to separate on flat plate and forms a separation bubble. Pagag®n point (S) and reattach-
ment point (R) are identified in the Fig. 2.7b. An oblique saian shock is generated at S due
to the blockage caused by the separation bubble. The ititamanf incident shock and separa-
tion shock generates additional shocks. The boundary tayes to form a shear layer over the
separation bubble. The shear layer attaches back on tregidtforms compression waves,
which coalesce to form a reattachment shock. The corredigiiren of separation bubble size
determines the correct flow topology in terms of shock angieength of shock waves and

expansion fan formation.
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shock generator

0
reflected shock
incident shock
M>1
flat plate
(a)
shock generator expansion

(b)

Figure 2.7: (a) An oblique incident shock from external dhgenerator impinges on inviscid
flow over flat plate and gets reflected. (b) An oblique incidgmbck from shock generator
impinges on boundary layer over flat plate to generate separshock, reattachment shock,
expansion fan and separation bubble.

Experimental [51, 52, 53] investigations were done fored#ht deflection angles Gf,
10° and 13° with Mach number in the vicinity of 2.9. The unit Reynolds noen Re; =
5.73 x 10"m~! is taken in the experiments. Flowfield schlieren images) massure and
skin friction measurements have been carried. These coafigns have been computed by
different researchers [9] using different turbulent medelr predicting surface pressure and
skin friction. In general it was observed that the computedl pressure and skin friction val-
ues match closely for lower deflection angles and show laagiaton for larger angles when
compared to experimental data.

Many researchers have computed for the strong interactios af large flow separation at
13° deflection angle and Mach 2.84. The experimental [51, 52n6Bhalized surface pressure
and skin-friction coefficient distribution is shown in F8 with open circles. The streamwise
distancer along the plate is normalized by the incoming boundary+algeknessy,, where

x/do = 0 represents the location of inviscid shock impingemertie Wall pressure remains
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Figure 2.8: Comparison of computed [32] (a) wall pressure @) skin friction for oblique
shock/turbulent boundary-layer interaction with expens [51, 52, 53], foiM/, = 2.89, de-
flection angle? = 13° and unit Reynolds numbéte; = 5.73 x 10"m™".

constant in the boundary layer before the shock/boundgmrlinteraction region. The initial
pressure rise location is af/, = -4. Similar to the compression corner case (Sec. 2.2), the
pressure rises across the separation shock and it remaistanbin the plateau region of the
separation bubble. Next, it rises further in the reattaahitmegion and remains constant in the
downstream. The skin friction remains constant up 6, = -4 before the interaction region.
TheC drops atr/d, = -4 which is same as initial pressure rise location. Theadist¢ between
S and R gives the size of the separation bubble. The bounawey is compressed across the
reattachment shock wave and results in a higher skin fridimvnstream of the reattachment
point.

Computations have been performed by Leial.[32], Haidingeret al.[30], Gerolymoset
al. [33] and Wilcox [8] for this configuration using standard eaed two-equation turbulence
models. Some compressibility corrections have been imcated to these turbulence models,
but only a small improvement is observed in flow predictioompared to standard models.
The computed [32] wall pressure and skin friction using géad low-Reynolds numbek-¢
Chein [37] model is shown in Fig. 2.8. The separation shocktion is predicted downstream
of the experiment. The reattachment pressure rise is alspmdicted. The skin friction plot
shows that the model predicts later separation than theiexpet. The reattachment location
is just upstream of the experimental data. Theis overpredicted at the reattachment region.
A similar trend is observed in the computations using Ahe-88 [35] model. The standard

k-w model predicts initial pressure rise location downstresmmall separation bubble and high
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Figure 2.9: Comparison of computed [8] surface pressure exiperiments [54] for hypersonic
oblique shock/turbulent boundary-layer interaction with, = 11 and deflection anglé =
17.6°.

values ofC'; at the reattachment region.

The computed results in Fig. 2.8 show that the standard &psllanaras model predicts
the separation shock location significantly upstream oettpgeriment. The pressure plateau is
overpredicted and the pressure downstream of the reat&atthegion is lower than experimen-
tal data. The”; drops earlier{/d, = -6) and reattaches latet (J, = 2.5) as compared to the
experiment. This results in a large separation bubble. (That the reattachment region and
downstream of it is much lower than the experimental measen.

In lower deflection angle case 6f= 10° and M, = 2.89, the low Reynolds numbére
Chein and Spalart-Allmaras models show similar trend toalh@ve13° case. Thé:-e model
predicts small separation bubble and shows high valué% afownstream of the reattachment
region. The Spalart-Allmaras model overpredicts size @B#paration bubble aidd values are
underpredicted downstream of the interaction region. Tdwe femains attached in the weakest
interaction case of° at Mach 2.89. Thée:-¢ Chein and Spalart-Allmaras models matches
surface pressure well with the experiments, whereag theariation shows similar trend to
the abovel0° case.

Fig. 2.9 shows the comparison of computed [8] normalized pvaksure for a hypersonic
oblique shock/boundary-layer interaction at Mach 11 Bhd°, with the experiments [54]. The
standard:-w model [76] shows similar trend to the above supersonic CHse.initial pressure
rise location is predicted later than experiments and gavawall separation bubble. The small

separation bubble results in upstream location of reattach pressure rise as compared to ex-
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periments. In the current case, no local reattachmentymeggak is observed as compared to
hypersonic cylinder flare case (see Fig. 2.5a). This is lsxauthe present case there is no in-
teraction of separation shock and reattachment shock. yiersonic shock impingement with
f = 14° and10° at Mach 5 were computed by Lindbad [55] usikg [56] and low Reynolds
number Chierk-e [37] turbulence models. Similar trend in wall pressure éfids observed by

these turbulence models as above supersonic and hypecsees.

2.5 Single-fin configuration

Shock generator

(single fin)
Inviscid shocl

Flat plate

Figure 2.10: Single-fin geometry with fin mounted on flat plat@king an angle of with the
flow direction. The fin edge generates a planar inviscid slovek the flat plate.

The single-fin configuration is the simplest and most fundaaiease of three-dimensional
shock/boundary-layer interaction. It consists of a flatglaith a sharp fin mounted perpendic-
ular to it (see Fig. 2.10). An inviscid supersonic flow genesa planar oblique shock at the fin
leading edge. The oblique shock wave interacts with theutartt boundary-layer developed on
the plate. The single-fin configuration finds applicationnleis of scramjet engine where the
cowl acts as a fin. The cowl shock interacts with the side-(ealis as plate) boundary layer to
result in a three-dimensional interaction.

The flowfield generated by a single-fin interaction is showterms of the surface stream-
lines over the plate in Fig. 2.11. The parallel streamlirggesent the undisturbed boundary

layer. Due to the adverse pressure gradient of the obligopeksave, the boundary layer sep-
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Figure 2.11: Proposed flow model of Kubota and Stollery [%#] dingle-fin geometry with
deflection angled = 15°, Res, = 5 x 10* and M, = 2.3.

= Inwvizcid
Y shock
I 0=16° wave
tiple <
y point Flow

Figure 2.12: (a) Single-fin flowfield model, proposed by AlvidaSettles [58] for deflection
angle =16° and M, = 2.95, depicting a lambda shock structure in a cross plane.

arates along the separation line S1 and attaches alongdtiaatement line R1. The region
between S1 and R1 corresponds to a conical vortex. The idwéock bifurcates and forms
a separation shock and a rear shock representing a lamiodéustr (see Fig. 2.12) in a cross
plane perpendicular to the flow direction. The separateitabwortical flow region is formed

underneath the lambda shock structure. A slip line is géee@ifeom the triple point of intersec-

tion of three shock waves and a set of compression and exjransives are formed between
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Figure 2.13: Comparison of computed [65] (a) normalizedesgrpressure and (b) skin friction
with fin angled = 20° and M, = 4, with experiments [59].

the shear layer and the slip line.

Experiments [59, 57, 60, 14] have been performed for diffecenfigurations with deflec-
tion angles of°, 12°, 15°, 16°, 18°, 20°, 24°, 31° and Mach numbers in the vicinity of 3, 4, 5
and 8. The Reynolds number based on the boundary-layentsskupstream of the interaction
region lies in the vicinity of x 10° for most of the cases. Surface oil flow patterns, wall presssur
and skin friction measurements have been studied. Thedgomtions have been computed
by different authors [17, 21, 9, 27] using standard one- ammddquation turbulence models for
predicting surface-pressure and skin-friction. Detadgegerimental and computational flow-
field three-dimensional shock-wave/boundary-layer axtgon in single-fin interactions can be
found in articles by Settles [63], Degrez [64], Dolling [6Knight [61] and Panaras [19].

The experimental [59] wall pressure and skin friction vaoiain a cross plane is shown
in Fig. 2.13. The wall data is measured on the plate with varyonical anglex measured
from the tip (see Fig. 2.10)x varies from fin surface witR0° and spans up to the region of
undisturbed boundary layer with its increasing value. Tl wressure remains constant in
the undisturbed boundary-layer before the interactiotoretpr o« > 51°. The wall pressure
rises across the separation shock at the primary sepagiionS1. It remains approximately
constant in the conical recirculation region and rises tkpealues at the primary reattachment
point R1. TheC; shows similar variation to wall pressure.

Figure 2.13 shows computed [65] results 8o at M, = 4. Thek-w model shows a
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Figure 2.14: Comparison of computed [65] (a) normalizedesar pressure and on plate for fin
deflection anglé = 30.6° and M, = 4, with the experiments [60].

delayed separation and higher values of wall pressure_and the plateau of conical recircu-
lation region. The standarde and Spalart-Allmaras models shows similar trené-to model
predictions [17]. Similar trend in wall data is observed bgge turbulence models for the
weaker interaction case ©5° at Mach 3 [17].

The computed [65] wall pressure f80.6° and M, = 4 is compared with experiments [60]
in Fig. 2.14. The distance along z-axis (see Fig. 2.10), rnatized with the corresponding
x-section distance measured from the fin-tip. Fhe [35] model shows more delay in sepa-
ration compared to abo\#)° case (see Fig. 2.13) and other trends are similar. The sapond
separation shock in formed in the current case but is is reatipted by the model. The compu-
tations [66, 17] were done for higher Mach number = 8 &5fdusing Spalart-Allmaras model.
The SA model predicts separation location downstream oémx@nts and”'; is underpre-

dicted at the reattachment region.

2.6 Shock-unsteadiness effects

The turbulence flow is inherently unsteady in nature and whesracts with a shock wave
makes the shock unsteady. In canonical flows like compnessimer, the shock-unsteadiness
has been observed experimentally by many researchersan[8ligersonic compression corner
flows, shock deformation was observed by Zheltovoebal. [67, 68] using Schlieren images

and hot wire anemometer and shock-unsteadiness was otydgr@olling et al. [69] by mea-
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suring wall pressure fluctuation time history. Andreopasdoal. [70] experimentally investi-
gate for possible mechanism of shock-unsteadiness in @ssipn corner flow. In their finding
they observe that shock velocity is of the order of turbuésihectuation. It is suggested that the
fluctuations in the upstream boundary layer is the causeifiydring shock wave oscillation.
The patrticle image velocimetry measurements by Beetsth. [71] show that upstream turbu-
lence in boundary layer is responsible for shock-unstesdiin compression corner at Mach
5. Qualitatively it was based on the physical principle thdtiller velocity profile with posi-
tive velocity fluctuations imparts increased resistanceefgaration to the boundary layer and
hence causes downstream shock motion, and a less-fullitygiwofile with lower resistance to
separation causes upstream shock motion.

The Reynolds-averaged Navier-Stokes (RANS) simulatisashased on time averaged
quantities. They calculate the mean flow and take the avestiget of fluctuating turbulence
on mean flow. RANS simulations of shock/boundary-layeraxtgon, for example, a compres-
sion ramp flow, results in a steady mean shock at the cornateddiness shock motion is not
captured in the simulations. The conventional turbulenodets have no mechanism to include
the shock-unsteadiness effect on the mean flow. This is drffyer2] to be a major limita-
tion of RANS models which result in significant deficiency megicting shock/boundary-layer
interaction flowfields, as described in earlier Sections.

Sinhaet al. [10] were the first to model the shock-unsteadiness in the Aisdmework.
The turbulent kinetic energy transport equation was ddrinethe reference frame of the un-
steady shock. This equation includes a term corresponditiget shock-unsteadiness effect.
The unclosed term is modelled using theoretical analysilsthe results were evaluated with
DNS data. The shock-unsteadiness term is found to have aidgreffect on turbulent ki-
netic energy amplification and including this effect actelsapredictsk-amplification across
shock wave. The shock-unsteadiness correction is incat@min standard one-/two-equation
turbulence models.

The shock-unsteadiness modification is applied-t@andk-w models to compression cor-
ner configuration witl24° at Mach 2.84. In Sec. 2.2, we have seen that the location afatpn
shock predicted by standakek andk-w models is much downstream when compared to exper-
imental data. The pressures afig deviate from measurement near the separation point. An
important improvement observed by modification, is in thanity of separation zone, where

the lower amplification of turbulent kinetic energy is pretdd and also it is observed that the
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Figure 2.15: Comparison of computed [12] (a) normalizedasar pressure (b) skin-friction
coefficient along &4° compression corner obtained using the standard and modHieahd
k-w models with experimental data [28].

shock unsteadiness modification moves the separated spetieam and predicts the separa-
tion point closer to experiment. The separation pressseeats/d, = -2 and the drop irC'y
matches experiment (Fig. 2.15). It is also observed thadt e modified models show very
good agreement with pressure over the ramp. The modificatsmreduceg’; on reattach-
ment, which brings the RANS predictions closer to experitnen

Simulations using modified Spalart-Allmaras model of Siehal. [10] shows improve-
ment in the prediction of separation point than standarda®pAllmaras model. Figure 2.3
shows that the Spalart-Allmaras model predicts separgbant upstream of experiments. The
modified Spalart-Allmaras model predicts the separationtpownstream, close to experi-
ments, the reason for this is the model predicts higher edslyosity across the separation
shock.

The new Wilcoxk-w model [8] and realizable corrected models [73, 74] in ab@atisns
also dampens the turbulent kinetic energy across the shagk.wHence, show improvement
in size of the separation bubble. But often, these modelbased on heuristic methods and it
is unclear how these corrections improve for different Maambers and flow configurations.
The shock unsteadiness model of Siethal.[10] has evolved by considering the effect of flow
physics of shock-unsteadiness and is based on analytasadmeng. This is why we have chosen
to use the shock-unsteadiness model to apply for diffetertigboundary-layer configurations

in our work.
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2.7 Summary

In this chapter, we study the performance of turbulence sod@plied to different canoni-
cal configurations of shock/turbulent boundary-layerratéons. These include compression-
corner, hypersonic cylinder-flare, oblique shock impingatmand single-fin. Different Mach
numbers and deflection angles are considered which spaarige of strong interactions with
flow separation to weak interactions with attached flow. €drprediction of the separation
bubble size in shock/turbulent boundary-layer interandiis essential to obtain the correct flow-
field topology and wall data. Predicting the correct sizeegfagation bubble is also critical for
many high speed flow applications like supersonic inlets.

It is found that standard one- and two-equation turbulencdets cannot predict the size
of the separation bubble correctly for strong shocks. Thay lme because of the fact that the
standard turbulence models do not account for the shodieadtimess effects that are inherent
in shock/turbulent boundary-layer interactions. The &hatsteadiness modification of Sinha
et al. [10] has shown significant improvement in the prediction efparation bubble size for
the range of deflection angles and Mach numbers in compressimer flows. Unlike other
modifications which are often based on heuristic methoeésstiock-unsteadiness modification
is based on physics and theoretical analysis. Also, thekshosteadiness model is simple to
implement and therefore is appealing to use for computifigrént shock/turbulent boundary-

layer interactions.
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Chapter 3

Simulation methodology

This chapter describes the conservation equations andibogpconditions for three-dimensional
flow of a compressible fluid. This is followed by the numerigsthod for solving the govern-

ing equations.

3.1 Reynolds averaging

Turbulent motion comprises of mean and fluctuating partsns€ovation equations for mean
part is written and they have terms containing the effectuadtélations. One of the most com-
monly adapted approaches in turbulence applied for inceassle flows is called Reynolds
averaging and that which is applied for compressible flovesied Favre averaging.

In Reynolds averaging the instantaneous variables are diremaged to get mean vari-
ables. The governing equations for instantaneous vasablpresented in Appendix A. For
statistically steady and stationary incompressible ti@rze flow, the instantaneous variables

are written as,
w; (7, ) = w;(T) + ul(7, t)
(3.1)

t+T

wherew;(Z,t), w;(Z) andu(Z,t) are instantaneous velocity, time average velocity and fluc-

tuating velocity respectively. The instantaneous vaeaalibr velocity, density, pressure and
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temperature are written in shorthand as,

— /
U; = U; + Uy

p=p+yp (32)
p=D+7p .
T=T+T

In Favre averaging the instantaneous variables are maghtediaveraged. For statisti-
cally steady and stationary compressible turbulence flogvristantaneous variables are written
as,

wi(2,t) = 0 (7) + ul (Z,t)
(3.3)

T o(E, (7, t)dt

al(f) = = hIIlT_>oo T f
where; () andu] (%, t) are mass weighted average velocity and fluctuating veldcityhort-
hand, instantaneous variables for velocity, density,qunes temperature, specific enthalpy and

specific internal energy are written as,

=T +u
p=D+/0

p=pty (3.4)
T=T+T"

h:ﬁ+h

e=é+¢

The variables with overline, tilde, single prime and doytiene represent the Reynolds aver-
age, Favre average, Reynolds fluctuating and Favre fluotuadiriables respectively.

The Favre average conservation law of mass, momentum anglyeioe steady, stationary
and compressible turbulent flow can be derived by time avegdggs. A.1, A.2 and A.3 and

are stated as,

%+£r7:0 (3.5)
%mwgﬁmn=—£+@%ﬁl (3.6)
G PE) + Gt ) =~ () = o) + (i) + 5 ()

59EEEZ+§%@ﬁ5+§1ET' (3.7)
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Here E and H represent the total energy and total enthalpy which aregise

. 1
E = &+ it +k (3.8)
- -1
¢ = C,T (3.10)
h = é+p/p (3.11)
where,
", n
p— Lo (3.12)
2 7

is the turbulent kinetic energy. The LHS terms of Egs. 3.% éhd 3.7 represent the transient
and convective transport terms. The first term in the RHS of &6 represents the pressure
force and the second and and third term represent forcesodameetage viscous stregs and
Reynolds stresses;, which are given as

_ 1

tij = 2u(Si; — 35kn0y) (3.13)

Tij = —pujul (3.14)

The first and second terms on RHS of Eq. 3.7 represent the cbadineat flux and turbulent
heat flux. The conduction heat flux is calculated from Foigi@ssumption of heat conduction
which is given as . . .

p Oh  pC, 0T orT

_ - _ = —k— 3.15
Prp, Oz, Prp, Oz, K@xj ( )

and the turbulent heat flux vector is defined as,

dr; =

qr; = puh” (3.16)
In terms of mean variables the equation of state for perfastigexpressed as
P =pRT (3.17)

The above equations can be solved to obtain the mean flonble@sisbut these equations are

not closed as described below.

3.2 Turbulence closure

As Favre averaging is done, it introduces new turbulent $eiimthe mean flow equations,

which need to be modeled to close them. As there are 6 eggdtmnone continuity, three
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momentum, one energy and one perfect gas equation. In theagans there are six unknown
mean variablesj;, 7, p, T and additional turbulent terms like Reynolds stress temmio-
mentum equation 3.6 and turbulent heat flux term in energwtamu 3.7, which need to be
calculated. These turbulent terms are modeled in termslofient and mean variables which
can be solved, thus closing the problem i.e. satisfyingelqeirement of equality of number of
equations and number of unknowns.

The ‘n-equation’ turbulent model means that n turbulemgpert equations, in addition
to mean conservation equations of mass, momentum and enBayge of the examples are
zero, one and two equation turbulent models. All of theseetwdse the Boussinesq assump-
tion [76], which states that the turbulent shear stresseslily related to the mean strain rate

and is given by the following expression.

10u 2

wherep is the turbulent or eddy viscosity arf}; is the Favre averaged strain rate expressed

in terms of mean variables as,

1 [ (0, O,
=3 |(5)+ () 619

The turbulent heat flux vector is modeled as,

e b wG T oF
PTTa{Ej N PTT al'j N T@xj

(3.20)

qr, = pu;.’h” =

Here the turbulent Prandtl number is definedPas = (urC,)/ k7, Whereur is eddy viscosity
andkr is turbulent conductivityPr+ = 0.9 is used in turbulent boundary layer flows and a value
of 0.7 is used for free shear flows. The third and fourth temisg. 3.7 RHS represent the work
done due to viscous stresses and work done due to turbulessss. The fifth and sixth terms
represent the turbulent transport of turbulent kineticcgypeand viscous diffusion of turbulent

kinetic energy and are modeled as,

pujuiu = MT% (3.21)
j
— ok
) = pj— 3.22
( zguz) /”Lax] ( )

The last term is due to compressible effects and is neglected
In the above Egs. 3.18, 3.20, 3.21, and 3.22 we need to cigutaandk for which we

use turbulence models like zero, one and two equation, wariglliscussed below.
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3.2.1 Spalart-Allmaras model

In one equation Spalart-Allmaras or SA Model [75] the eddscusity v is related to the

intermediate variabley by a damping functionf,, asvr = 7 f,;, and the equation for is

written as,
or i, - 7\ 19 O] e O O
— = — — - — - 2
ot * Oz, SV = Cuwfu <d) + o 0xy, [(Vju/)@x;j * o Ox, Oxy, (3.23)
In shorthand this is written as,
%Z = Prod(S, #,d) — Dest(7, d) + % [V.((v+ 0)VD) + cpe(VD)?] (3.24)
Here,
fu = {1“33} f —1—{ X ] fo=1-—X (3.25)
v 9o+ s’ v X34 ]’ e L+ xfur .
where,
B 2 B 6 v 5 v
X=2 g=r+cup(r’®—r), r= T S—S+—H2d2fv2 (3.26)

d is the normal distance from the wall and the vorticity magaé is represented & =
v/29,;€;, in which the rotation tensor is given &5; = 2 [(du,;/0x;) — (04;/0x;)] and
the constants are given ag = 0.1355, ¢y = 0.622, ¢,; = 7.1, 0 = 2/3, k = 041,

1
2

Co1 = p1 /K> + (14 c2) /0, Cwz = 0.3, Cuz = 2.

The terms on the LHS of Eq. 3.23 represent the transport tefihg first and second
terms on RHS of EqQ. 3.23 represent the production and déistnuaf eddy viscosity. The last
two terms on RHS represent the molecular and eddy diffydierims. The quantities embraced

within them represents the major variables dependencyesktsource terms.

3.2.2 k-w model

In two-equationk-w turbulence model by Wilcox [76], the turbulent kinetic egyek and the
specific dissipation rate of turbulent kinetic enetgare calculated from conservation equations

wherew = ¢/k. The eddy viscosity is given by,
pr = pk/w (3.27)
In the Eq. 3.27k andw are found from their modeled governing equations by

A OO S8 b+ | 4[] @29

Opw)  0puw) w0t ., , O [ Ow 0 B
ot i O — kT]Z@%’ b+ Oz, M&”L’j * Oz, (U’uT)ﬁxj (3.29)
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The terms on LHS of Eq. 3.28 represents the time rate of chaitgebulent kinetic energy and
contribution of convection fluxes, which need no modelinpeTirst term on RHS represents
the rate of production of turbulent kinetic energy by the méaw i.e. a transfer of kinetic
energy from the mean flow to the turbulence. It also repregseansfer of mean kinetic energy
to turbulence i.e. the work done by turbulent stress aganestn strain. It is postulated that
this transfer of energy takes place from mean flow to large stale eddies in turbulent flow.
The second term on RHS is the product of the density and spéarbulent dissipation rate,
which represents the rate at which turbulent kinetic enésggestructed and converted into
internal energy. It is postulated that this mechanism acousmall size eddies. The third and
fourth term on RHS represents the molecular and turbuldfitsiton of kinetic energy. They
are modeled by using gradient diffusion assumption. Thiswrifiturbulent kinetic energk are
m?/s?. The terms on LHS of Eq. 3.29 represent the unsteady angarterms. The first term
on RHS represents the rate of production of specific digsipeate. The second term represents
the destruction of specific dissipation rate and the thidifanrth terms on RHS represent the
molecular and turbulent diffusion. The unitswofares=!. The constants in Eq. 3.28 and 3.29
are,a =5/9, f = 3/40, f* = 0.09, 0 = 0.5, 0* = 0.5.

3.2.3 Boundary-conditions for turbulence models

The free stream and wall boundary conditions for varioulsulénce models [77, 12] are stated

below with subscripto andw representing the freestream and wall conditions.

Spalart-Allmaras model

Voo = 0%““, and(vr),, = 0.

oo

k-w model

Weo = (101s,) /L andk,, = 0.01v,we andw — 61, /(By?) asy — 0; (w), = 1061, /(51 Ay3)
asy — 0; for Ay, < 3 (for smooth wall), where\y, is the normal distance to the next point

nearest from the walf3; = 3/40 and L is the length of the domain.
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3.3 Numerical method

The governing equations for any fluid flow can be expresseorin bf partial differential equa-
tions or integral equations. The exact analytical soltioithese equations is difficult to obtain
for complex flows such as shock-wave turbulent boundargtayteractions. As an engineer-
ing approach, these partial differential equations orgrakequations are discretized to system
of algebraic equations. Generally the Taylor series [78isisd to approximate the partial dif-
ferential equations to system of algebraic linear equatiofhere are different discretization
techniques like finite difference, finite element and finitduvne [79]. In this chapter, we re-
strict ourselves to the finite volume method approach andnimre details of it, we can refer
to textbooks by Hirsch [78], Laney [78], Toro [78], Leveq0] and Blazek [81]. We use
Reynolds-Averaged Navier-Stokes (RANS) equations [76]sfdving the high-speed super-
sonic flows. Basically the terms in RANS equations can be etkas three terms, the inviscid
or convective terms, the viscous terms and the source terms.

The shock-wave/turbulent boundary-layer interactioresdd6, 9, 4] includes different
high gradient regions such as separation bubble, shocksyaxpansion waves, shear-layer
and boundary-layer flow separation point and re-attachrpeint and, all of these physical
features in the flowfield has to be captured accurately usppgopriate CFD methods. For
steady-state solution of the supersonic flows the hyperl@oid elliptic nature dominate the
flow. For supersonic steady flows the convective terms daminghe inviscid regions and the
flow is hyperbolic in nature in space. For boundary-layer @and separated flows the diffusive
terms dominate. In a separation bubble the flow is diffusivedature hence the information can
flow in all the directions and the flow posses elliptic naturéhis confined region. The central
differencing scheme can be used to discretize the viscomnste

In-house code [84] is used in our simulations in Chapters 5, 7@and 8. The code
is capable to run on parallel machines. Reynolds-averagetieNStokes equations are used
in either two-dimensional, three-dimensional or axisyrtriae The Spalart-Allmaras anktw
turbulence models are included in the code. The governingteans are discretized in a finite
volume formulation where the inviscid fluxes are computedgia modified (low-dissipation)
form of the Steger-Warming flux splitting approach [85]. Tthebulence model equations are
fully coupled to the mean flow equations. The details of thhenfdation are given in Ref. [84].

The method is second order accurate both in stream-wise atichermal directions. The

31



viscous fluxes and the turbulent source terms are evaluaieg central difference method. The
implicit Data Parallel Line Relaxation method of Wrigtital. [86] is used in two-dimensional
and axisymmetric simulations and Data-Parallel Lower-&fdRelaxation method [87] is used
in three-dimensional simulations to integrate in time amdetach steady-state solution. The
code has been used successfully in several supersonic pedsbyic applications [12, 88, 90,
89].

In the following, we briefly discuss about the finite volumerhmlation and flux-vector
splitting scheme of Steger-Warming [13] and modified St&yarming [85], for solving RANS
equations using-w model for perfect gas. Next, we discuss the explicit timegnation method

to obtain steady state solution followed by the numericairatary conditions.

3.4 Conservation form

The RANS equations in tensor notation are given by Eqgs. 364, 37, 3.18, 3.20, 3.21, 3.22,
3.28 and 3.29 (see Section 3.1). In this section we use sthhda-equatiornt-w model [76]
to calculate the eddy viscosity (see Subsection 3.2.2)widimensional RANS equations
we solve for one continuity, two momentum, one energy, onaulent kinetic energy, and one
dissipation of turbulent kinetic energy, equation alonthwirbulent closure equations. A total
of six equations are solved simultaneously to obtain sixeorative variables, 5, oo, 5E, pk
andpw. From these conservative variables, the six primitive nileanquantities are derived as,
@, andd, densityp, temperaturd’, andk andw. The mean pressugeis calculated from perfect
gas law. The two-dimensional system of RANS equations camrligen by single equation in
conservation form by,

— 4 V.(F+G)=Q (3.30)
WhereU is the set of conservative vector variablésjs the flux vector in x-direction and

is the flux vector in the y-direction and) is the source term. The total fluxes are written as

inviscid part and viscous part. The subscripts | and V reprethe inviscid and viscous terms.

These equations are written in Cartesian form.

ou oF 0G
— +— 4+ — = 3.31
o Tar Ty ¢ (3.31)
~ T
U = |p pa pv pE pk pw (3.33)
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(3.34)

(3.35)

(3.36)

(3.37)

Herep is the mean density of fluid, © are the mean velocities in theandy direction,p is the

mean pressure antl,,, ., are the mean viscous stresses acting on a fluidapdr,, are the

Reynolds stresse# represents the averaged total enetgy,averaged specific internal energy,

and P, represents the production of turbulent kinetic energy. Jingerscriptl’ represents the

transpose of the matrix. The other details of the terms inatheeve matrices are presented in
Sections 3.1 and 3.2. The Eqg. 3.30 is integrated over theamtrface area (CS) of control

volume (CV) in Fig. 3.1a to give,

%/CK/UdV_I_Z@/ [(F 4+ G+ (R + 6] ads) = Q

o _
ot Vi

1 1=
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Figure 3.1: (a) Two-dimensional control volume used in &niblume formulation, where the
grid points are represented by solid circles with smallgediofi andj and cell centers are
shown by crosses represented by caps indicesarfd.J. (b) Calculation of normal surface

vectorsS; ;1 /2.

Figure 3.2: The conservative variallg ; at cell center calculated from the fluxésand G
passing through the cell boundaries in the x- and y-dirastio
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Siv1/25 = T (Wir1 541 — Yir15)i — (Tiv1j41 — Tiza4)J

Si—1/2,j == _<yz’,j+1 — ym)% + ($m+1 — xm)j (340)

Vig = [1(@ij — Ti1j)¥ir1 501 + (@ir1y — Tirrj+)¥ij + (Tivr — ig)Yir ] (3.41)
@iy = i1 j+1)¥541 + (Tit1j41 — Tige)¥Yig + (@ija1 — Tig)Yir 1]
n is the unit normal vector to surface aréé as shown in Fig. 3.1a. Herﬁﬂ/zj andS:_l/Q,j

are the surface area vectors andnd; are unit vectors in i and j directionz andy are the
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coordinates of the grid points afdl; is the control volume. The evaluation ﬁlf,j_l/2 is shown
in Fig. 3.1b. The vectoDC = Azi + Ayj. whereAz = Tip1; — Tij ANAAY = Y1 — i)
Hence the normal vector is calculated§§_1/2 = Ayi — Azj. Similarly §Z-7j+1/2 is evaluated.
The control volume in Fig. 3.1a is calculated as summaticared of triangles ABD and BCD.
There are several methods for evaluation of fluxes usingfitume method. The detail
formulation of the flux discretization schemes like Mac-@ack, Steger-Warming, Van-Leer,
Advection Upstream Splitting Method (AUSM), Total Variati Diminishing (TVD), Roe, and
Weighed Essentially Non-Oscillating (WENO), can be foumdtandard textbooks [78, 82, 83,
80, 81]. In the below sections we discuss the brief formaratf Steger-Warming [13] and

modified Steger-Warming methods [85].

3.5 Steger-Warming method

In this section we describe briefly about the Steger-Warmmreghod [13] applied to one-
dimensional Euler equations, which are used to solve iivisapersonic flows. The Eu-
ler equations are hyperbolic in nature. The basic requinerfee hyperbolic flow is that the
eigen values should be real, distinct and positive [80]. &ainthe basic discretization tech-
niques [78, 82, 83, 80, 81] used in solving the the governmgagons are forward difference,
backward difference, central difference and upwind déffere. In an upwind scheme spatial
differencing is done on the mesh points on the side from wttiehinformation or wind flows.
Upwind schemes use information of the local wave propagatiplicitly. The eigen values pro-
vide the direction of information in the flow. Central difearce schemes even though they are
simple to discretize for complex equations, they are utstatimpared to the upwind scheme.
Basically the Steger-Warming method [13] was formulatadhigh speed inviscid flows
to capture shocks by taking the advantage of the hyperbatiare of the Euler equations. The
physics of the characteristic waves is taken into consiaeran its formulation. Simple one-
sided up-winding (as applied to linear-advection equaticannot be used to discretize the
system of the Euler equations. Since the Euler equationsninesd nature of eigen values,
the information can propagate in either direction and ddperot only the velocity terms but
also the pressure terms in the fluxes. The flux-vectors anditjfem values are splitted accord-
ing to the upwind direction of information propagation. Wensider one-dimensional Euler

equations to evaluate the fluxes. The same methodology caxtéeded to the two- and three-
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dimensional flows. In this section we do not take co-orditr@esformations into consideration

for simplicity.
P Uh
U= |pu| = |U, (3.42)
E Us
pu F
Fr=|pl?+p|=|F (3.43)

whereE=pe + 1/2pu? is the total energy and= C,T is the internal energy. The flux vector is

function of the conservative variable vector and is evadas,
[F] = [A][U] (3.44)

where A is the Jacobian matrix and is the conservative variable vector. The Jacobian ma-
trix, A is calculated by taking the partial derivative of the fluxctige with respect to vector of

conservative variable.

OF
A= — 3.45
U (3.45)
OF} OF, OF,
o o oo 0 1 0
A=\G2 GF G2| =| (32 (3—)u y—1| (3.46)
i L (v — Dud —yeu/p [ve/p—3(y—1)u?/2] ~u

With this Jacobian matrix we write the characteristic egurato find the eigen values.
det[A— XN =0 (3.47)
wherel is the identity matrix. The three eigen values,(k = 1,2,3) of the above matrix are
A = diag(u,u + a,u — a)

Herew is speed of the flow and corresponds to the speed of the sound. The corresponding
left eigen vector matrix and right eigen vector matrix islea#ed as/’ and7~. For each eigen
value of\;, A\, and)\; the corresponding eigen vectors are calculated as giveqy3¥48, 3.49

and 3.50. Each of the these single coluimr 3 matrix of eigen vectors are arranged in three

columns of & x 3 square matrix to form a right eigen vector matfixas given by Eqgs. 3.51.
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Herer is 1 x 3 single column eigen vector with= (1,2, 3) andk = (1, 2, 3). |r}| corresponds
to the right eigen vector single column matrix formed by okdting the three eigen vectors
ri,r? r3in Eqgs. 3.48, for corresponding eigen value Similarly other terms in Egs. 3.49 and
3.50 are defined.

[Al[rfrird] = Mfririr] (3.48)
[Al[rr3rd] = Aofrrirs)” (3.49)
[Al[rir3rd) = Nalrrirs]" (3.50)

(7] = [I7p11rl12] (3.51)

The left eigen vector matrix is calculated by taking the nseematrix of the right vector matrix.
UsingT andT~ the negative and positive Jacobian matrices are calculdtbd Jacobian is
splitted into positive and negative parts by splitting tigeea values into positive and negative
parts. The diagonal matrix, contains only positive eigen values and diagonal matrixhas

only negative eigen values.

A=A, + A (3.52)

M = Aoy + A (3.53)

- A”TM (3.54)

A = A’“_TM’“' (3.55)

A=Ay + A (3.56)
A+:diag()\k‘|'2|)‘k|’)\kz“'2|)‘k:|7)\k‘;|)‘k|) (3.57)
A_:diag()\k_2|)‘k|7)\k_2|)‘k:|7)\k_2|)‘k:|> (3.58)
A, =TA T A_=TA_T! (3.59)

The fluxes are then splitted according to the sign of the Janelas positive and negative parts
as below.
F=F +F_ (3.60)
F+ — A+U F_ — A_U (361)

The above fluxes are evaluated for subsonic flows. For supierBows the information flows
in downstream direction and there is no information flowspstteam direction. Hence for

supersonic flowsg’, = F and F_ = 0. The information in a flow can come from upstream
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or downstream direction and depending on it, the discrietizas done to the fluxes. In a
control volume these fluxes are calculated at the cell fagdsthe help of the Jacobian and
the values of conservative variables are taken from theceeller. The up-winding scheme is
applied, where the positive and negative fluxes are caklet the direction from which the
information (wind) flows. In the Steger-Warming method tlagabians are calculated at the

cell-centers and the fluxes are evaluated using this Jatobiad is given by Eq. 3.62.
First-order method
Fi, =AU

F_i+1 = A Ui+1

i+1

(3.62)

For hyperbolic nature of the Euler equations, the eigenesaduie real and distinct. In the Steger-
Warming method, the modification is made to the eigen valuesmnwhey become either zero
or one. This can happen when the flow becomes sonic for locahMamber = 1 or stagnant
for M = 0 in some regions. One of the examples is the regiontuatimose the of the vehicle.
To overcome this problem, the eigen values are correcfeavith the use of a small value of a

constants = 0.3.
A = [)\i + /Ot €2a2)] (3.63)

The high quality solutions of supersonic undisturbed baupdayers are obtained by setting

= 0, than the original eigen values are restored from thisifieaeigen value.

3.6 Modified Steger-Warming method

The Steger-Warming [13] method when applied to the viscawssfresults in large numerical
dissipation [85] across the boundary-layer. Also it credietitious pressure gradient which
causes the unrealistic convection within the layer. It haslar problems across free shear-
layers. MacCormack and Candler [85] modified the StegemWay method to reduce the
excessive numerical mixing in the boundary-layer and flezaslayer flows. In the Steger-
Warming method the evaluation of Jacobians at the cell cenésulted in excessive numerical
dissipation in the boundary-layer. In the modified Stegarwing method the Jacobians are
modified and are calculated at cell-interfaces (see Fig. & from these values the fluxes
were calculated as given by Eq. 3.64. This formulation redube numerical dissipation in the

boundary layer. Fig 3.3 shows the the velocity profile disttion in boundary-layer computed
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using the the modified Steger-Warming [85] is representedidajond symbols and the Steger-
Warming method [13] is represented by square symbols. Tédtseare compared with the
Blasius theory [91] depicted by solid line. The modified e@arming method predicts real-
istic velocity profile and is close to the theory. The staddateger-Warming method predicts

unphysical excessive velocity gradients near the wall @awibadies from Blasius theory [91].
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Figure 3.3: Comparison of computed velocity profile usingdified Steger-Warming [85]
method (diamond symbols) and Steger-Warming method [IB]ai®e symbols) with Blasius
theory [91] (solid line).

First-order method

F_j’_z — A+i+1/2Ui

Fo = A—i+1/2Ui+1 (3.64)
AiM/Q = Ay [% (U; + Ui—i—l)]
Time integration
At
Uin—i_l = Uin - A—l‘[E+l/2 - Fi—1/2]n (365)
ntl _ o ﬁ - "
Ui - Uz Al,KF-‘rz + F_i+1) <F+z'71 + F—z)] (366)
U“l—lﬁ—ézﬁ’—F F_. . —F)]" 3.67
) - ) Ax [( +i +i71) _'_( —i+1 _z>:| ( ' )

The one-dimensional Euler equation is solved using thei@kptethod as in Eq. 3.66, where

the forward differencing is used. In this explicit formutat the conservative variables at time
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stepn + 1 are evaluated a&"*' from the known conservative varablgg and fluxes at time
stepn, and the solution is marched in time to obtain steady stdtgisn. Here,n represents
the former time step and + 1 represents the updated or new time step. The only unknown
term isU”™ and is calculated explicitly in the from the known terms onRHence the name

explicit method is coined to this approach.

I:i—l/2 = (F+ i-1 + F i) I:i+1/2 = (F+ i + F i+1)
| |
I:+ i-1 : F_ i :
— I g I
: F+ i : F— i+1
| = -
C| I | D
i 1 iU 1 -
| |
| |
| |
| |
| |
| |
| |
Face,, cell-center Face,,,

Figure 3.4: Physical interpretation for evaluation of canative variable at cell-center, using
fluxes at cell-interfaces, for the first-order method (rejpiced from Hirsch [78]).

Fig. 3.4 shows the physical interpretation for evaluating tluxes with the first order
scheme of Eq. 3.67. The positive and negative fluxes in Hgafe attached to the characteris-
tics of positive and signs (eigen values). To evaluate timseative variable at cell center the
fluxes are evaluated at cell faces 1/2 and: — 1/2. Fig. 3.4 shows that the flux at interface
Fi1)2, at D is calculated from the positive flux vectbr, coming from left hand side and neg-

ative flux vectorF_ , coming from right hand side df;. Similarly the flux at interfacé_, /,,

i+
at C is evaluated. Both of these fluxé$,/» andF;_, ;, contribute to the conservative variable
U; at cell center. Fig. 3.4 shows that for an upwind directiopaoditive fluxes the backward
difference method is used and for negative fluxes of downwirettion, the forward difference
method is used (see Eq. 3.67). Hence the discretizatioredfukes is done on the side of wind
flow (information).

Stability analysis had been carried by Steger and Warmi8pffit one-dimensional Euler
equations using Von-Neuman stability condition [78]. Imstanalysis the Jacobian matrix is
freezed and and decoupling is done to system of simple adweegjuations. The Fourier

analysis is done by assuming the solution in the form of waweksatisfying the condition of
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ratio of amplification of solution error to be less than 1slshown that the taking only positive
direction of eigen values in the upwind scheme resultedsiainility. Taking the mixed signs
of eigen values resulted in stable solution. From stalalitslysis the CFL (Courant-Friedrichs-
Lewy) is restricted to less than 1, in the explicit method thuerhich only small timesteps can

be taken while solving the flow.

3.7 Second order method

The first-order upwind schemes are less accurate as thegicdass number of points in a
stencil. They are more dissipative and do not give any @dmts across the high gradient
regions such as shock-waves. The second order centrakdifi@g schemes are more accurate
than first order upwind schemes and are less dissipativéhéytre unstable across the shock-
waves. The second order upwind schemes possess less malrdersipation compared to the
upwind first order schemes and are more accurate becauserefpomts in the stencil. By
increasing the number of points in the stencil (or order)uterdetails of flow physics can be

accurately captured by the numerical method.

Second order Steger-Warming method [13]

F, = A+iUz€r1/2

. (3.68)
F—i+1 = A—i+1 Ui+1/2
UR’lﬁ‘l/z :S%UZ - %f]i_l (3.69)
Ui+1/2 = iUH-l - §Ui+2
Second order modified Steger-Warming method [85]
_ L
F+i - A+i+1/2Ui—:/2 (370)
F_i+1 = A_i+l/2U’i+1/2
UZﬁ-l/Q = %UZ - %Ui_l (371)

R _ 377 _ 111
Uz+1/2—2UZ+1 2UZ+2
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Figure 3.5: Physical interpretation for evaluation of flsifer the second-order method (repro-
duced from Hirsch [78]).

Egs. 3.68, 3.69, 3.70 and 3.71 represent the flux evaluatiging second-order schemes.
Here U, and Uy correspond to the left and right states. Fig. 3.5 gives thesiphl interpre-
tation for evaluating the fluxes using second order scherhe.fllixes are extrapolated to the
interfaces [78] defining the flux equal to the numerical sahekig. 3.5 shows that at cell inter-
facei + 1/2 the flux is evaluated as summation of the contribution frost firder scheme and
contribution from second order from left and right states.

The second order schemes give spurious non-physical atgmils across high gradients
such as shock-waves. To avoid these spurious oscillatioes dre converted to first order
schemes across the shock-waves. The flux limiters are usagbid spurious oscillations or
wiggles across the shocks. The second order modified Stegening method is converted to
first order method by applying the pressure limiter [88].HImiters are used to limit the spatial
derivatives to physically realistic values. They come iperation when sharp gradients like
shocks occur. For smooth gradient regions these flux lisméee not active. The shock-wave
regions are detected if the pressure jump is greater thands®@ss grid points.

The modified Steger-Warming method [85] gives less disgipah the boundary-layers
and resultin oscillations in the high gradient regions sagbBhock-waves. Whereas the standard
Steger-Warming gives more numerical dissipation in thendamy-layers and is stable across
the shock-waves. To take the advantage of both the methbgbrial scheme is used to evaluate
the fluxes and the pressure limiter [88] is used to switch frondlified Steger-Warming scheme

to the standard Steger-Warming scheme across the shodswaihen the pressure gradient is
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more than 50% across the shock-waves the scheme is revei&eger-Warming method and

when the pressure gradient is less the scheme is reverteddifien Steger-Warming method

in the boundary-layer regions. The pressure jump acro$sgradients is detected with the use
of pressure limiter.

The modified Steger-Warming has been applied to supersonis 8f shock-wave boundary-
layer interaction cases [12, 90] and to the hypersonic c@&es86, 92, 89]. The numerical
experiments [88] were done on the double cone geometry foerspnic flows, where differ-
ent flux evaluation techniques like modified Steger-Warni@j, Roe [78], and HLLC meth-
ods [83] were applied to predict the heat transfer rates. Agatthese flux evaluation methods,
the modified Steger-Warming [85] method was found to give lesmerical dissipation and

predicted accurate results compared to the experiments.

3.8 Boundary conditions

Fig. 3.6 shows computational domain with different bouretafor supersonic flow over flat-
plate at zero angle of attack. Total number of cellsrarex my, wheremz is number of cells

in flow-parallel direction andry is total number of cells in flow-normal direction. The dummy
cells are represented by dashed-lines and their cell cemteimarked by circles. The inner cells
are represented by solid-lines and their cell centers arkeday crosses. No computations
are done at dummy cells. They serve to calculate the fluxesllafaces of inner cells along
the boundaries as shown in Fig. 3.6. The boundary conditppsied to turbulent variables
is discussed in Subsection. 3.2.3. The boundary-conditqplied at dummy cells for other

variables are discussed below.

Inlet
The free-stream conditions are assigned=ail with 5 varying from 1 tomy.
u(l,j) = Ve, 0(1,5)=0
p(1,7) = peo, T(1,7) =T

(3.72)

Here,u andv are velocity components in the flow-parallel and flow-noratiaction, p is the
density, andl’ is the temperature. The subscript represent the freestream conditions. The

pressure is calculated from the equation of state.
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Figure 3.6: Computational domain along with boundary ctos for flat-plate configuration.

Symmetry
The symmetry conditions are assignedjat 1 andi = 2. The variables are mirrored over
symmetry boundary.

w(2,1) =u(2,2), v(2,1)=—-v(2,2)

p(2.1) = p(2,2), T(2,1)=T(2,2)

(3.73)

Wall

The physical boundary conditions applied at stationarydlate for the viscous flow are,

v =0, no slip condition
OP/on, constant pressure boundary layer
/ P v (3.74)
T, = constant, isothermal wall
JT' /on, adiabatic wall

Here, 7 is the velocity vector with componentsandv andn is the normal direction to plate.
The above conditions are applied numerically at1 with: varying from 3 tomz. The density

is calculated using the equation of state.

u(i, 1) = —u(i,2), v(i, 1) = —ov(i, 2)

Pli 1) = 555 (3.75)
T(i,1) = 2T, — T(i, 2)

T(i,1) = T(,2)
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Top
The free-stream conditions are assigned at top boundary aty with i varying from 2 to (nx
-1).

u(i,my) = Vo, v(i,my) =0

(3.76)
p(iv my) = Poo T(iv my) =T

Exit

At the exit, the supersonic extrapolation condition is &apivhere the computed flow variable

values are extrapolated from inner cells with mz andj varying from 2 tomy.

u(mz,j) =u(mz —1,7), v(mz,j)=v(mz —1,7) (3.77)
p(mz,j) = p(mz —1,j), T(mz,j)=T(mz—1,j)

3.9 Summary

Reynolds-averaged Navier-Stokes equations are desdobsidnulation of high-speed flows.
Commonly used one- and two-equation turbulence modelssaictfor turbulence closure. They
provide a balance between computational efficiency andracguwf the solution. A finite-
volume based numerical method is described. It uses modtieger-Warming flux splitting
approach for computing the inviscid fluxes, and second areletral differencing for the viscous
fluxes and turbulent source terms. An in-house code baseleoabiove methodology is used
for the computations presented in this thesis. The methddrencode has been validated for a

series of hypersonic flow applications.
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Chapter 4

Shock-unsteadiness model

4.1 Introduction

Shock-wave/turbulent boundary-layer interaction is a plemx process and some of the mech-
anisms like shock-unsteadiness, shock-distortion ardmikeince amplification across shock are
dominant. The unsteady nature of shock wave is these ini@nas caused by turbulence which
is unsteady is nature. RANS models are based on averagatasaint the turbulent flow and
do not account for unsteady motion of shock in shock-waviedient boundary-layer interac-
tions. Hence, they predict inaccurate flow in these intevaatases [9]. In-depth understanding
of the flow is required to study the mechanisms in shock-waxailent boundary-layer inter-
action. This helps in knowing the limitations of standardl &xisting turbulence models and
these models can be improved by including the missing flovsigsy When the average effect
of shock-unsteadiness is modeled and included in the RAN&pit is found to improve the
flow predictions [10].

Homogeneous isotropic turbulence interacting with a nbishack wave is taken to be
the model problem to study the flow physics. A typical flow ireag shown in Fig. 4.1. This
shock turbulence interaction is an isolated problem and ¢ include any flow gradients
in transverse direction, flow separation, streamline dureaand no additional compression
behind the shock. This is a fundamental problem to study hifferent mechanisms change
the turbulence across a shock wave. Since the mean flow isromifo vorticity is generated
from it in the upstream. Vorticity is generated solely frohe tturbulence. The overlapped
contours of turbulent vorticity and mean flow dilatation atewn in Fig. 4.1 at a particular

instant of time. The solid lines represents positive valfegorticity contours and dash lines

46



Normal shock

M>1 |:
Flow

Figure 4.1: Homogeneous isotropic turbulence interactwty a shock-wave with upstream
Mach of 2 at particular instant of time [93]. The normal shaskepresented by dilatation
contours at the center of domain. The positive mean turlseleorticity contours are depicted
by solid lines and negative contours by dash lines.

show negative vorticity contours. The normal shock is repnéed at the center of domain
by dilatation contours. Linear inviscid theory can be useg@redict the above described flow
across the shock [94, 95, 96]. Many researchers [97, 98, &8 ktudied this problem using
direct numerical simulations (DNS) to explore the undexyilow physics.

In this chapter, first we describe model flow problem. Nextwlence model prediction
of amplification of turbulent kinetic energy across a shoek®&is presented. Next, we describe
the shock-unsteadiness correction and improvement iftseseer existing turbulence models.
Finally, the implementation of shock-unsteadiness ctioedo one- and two-equation models

is presented.

4.2 Problem statement

A uniform mean flow in the stream-wisedirection interacts with a normal shock. The up-
stream flow is supersonic and the conditions are denotedlscept 1. The downstream flow
is subsonic and denoted by subscript 2. The Rankine-Hugaaiions are applied to calculate

the jump in flow variables, such as pressure ratig, across a shock wave. Herep andT’
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x=0
x>0

shock

Figure 4.2: Schematic sketch of homogeneous isotropiakemice/shock interactiorz; and

u, are the mean uniform velocities amiandv’ are the fluctuating velocities, upstream and
downstream of shock. The shock represented by solid linesspated byx = £(y,t) from its
mean position (represented by dash line).

are velocity, density and temperature.

p1ur = P22
PLUZ + D1 = potui + po (4.1)
C,1h + %u% =C, 15 + %u%

The components of mean velocity in the transveraad span-wise directionare taken as
zero. The incoming turbulence is assumed to be homogenedusatropic. In homogeneous
turbulence the average of the properties are uniformlyidiged over the domain and statisti-
cally they are independent of position in space. Isotropgans the turbulence is statistically
independent of direction, for exampl€ = v’2 = w2. In addition, only vortical fluctuations are
considered in the upstream flow, i.€.,v', w’ # 0 andp’ =T = p’ = 0. Physically, it means that
the turbulence fluctuations, v/, w’ are small compared to mean speed of sound, such that the
turbulence fluctuations are incompressible. wheirgethe mean density. Further acoustic fluc-
tuations are found to be negligible in supersonic boundygr (’ = 0). The same is assumed
to hold in the upstream flow.

The inflow turbulence and shock wave have effect on each @theérare modified due
to their mutual interaction. First, the effect of turbuleman shock wave is described. When

the upstream fluctuations interact with the shock frontstilbates with time hence making it

48



LI T T T T
)
2.5 [ -
L ‘. ‘
3 l ol
3 [
2t ]
i | Shock intermittency 7
« | .‘/ region
i |
| | o i
1.5 [ Extrapolation —
I ‘..‘ .
Y =l
[t ean,, ottt DNS
1t ool | S .
; | ) '-/..
1 e
0 [ = 1 Ll ‘\_I_‘\ | I R H R R R R |
0 1 2 3x,m 4 5 6

Figure 4.3: Variation of turbulent kinetic energy acrosshack wave [11] interacting with
homogeneous isotropic turbulence for upstream Mach of. 1.29

unsteady in nature [10]. The shock is stationary in the memhis displaced by a distance
of x = £(y,1) in the flow direction as shown in Fig. 4.2. The shock géforted in the mean
flow due the blobs of turbulence interacting with it as showiig. 4.2. The unsteady shock
distortions about its mean position is assumed to be smalthéd absence of turbulence, the
shock is straight, as predicted by inviscid theory.

Next, the effect of shock on turbulence is described. Theoisi fluctuationsu’ andv’
are amplified across a shock-wave. Also vorticity fluctuadiare intensified in the immediate
downstream of shock because of the shock wave. Later in tldmvenstream the amplification
of vorticity diminishes. The turbulent kinetic energy= v/u//2 is amplified because of the
amplifications in the velocity fluctuations. Fig. 4.3 showg &evolution of turbulent kinetic
energy,k along the normalized shock-normal direction, Here, k = 1 (u/'v/ 4 v'v 4+ w'w’)
is normalized by its value immediate upstream of shock. Téw & similar to as shown in
Fig. 4.1 and differs in the inflow conditions. In this flow, tsam Mach)/; = 1.29, turbulent
Mach number)/; = 0.14 and Reynolds numbéie, = 19.1.

The turbulence is sustained because of mean velocity griadi\s there are no mean
flow gradients outside the shock, there is no means for ptamuof & in the upstream of
shock, hencé decays up to x = 2 as shown in Fig. 4.3. Across the shbakamplified up to
about 1.3. Immediately downstream of shock wavexhibits non-monotonic behavior because
of transfer of energy between different modes. Acoustiagnes generated at the shock. A

part of it decays rapidly behind the shock and is transfetodtie vortical mode. This results
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in an increase it between x = 2.1 m and x = 2.7 m. Further downstream (for 2.7 m), k
decays monotonically because of turbulent dissipation.

For canonical flows the normal Mach number can be calculafed.example, Smitst
al. [100] performed experiments for compression corner flowth Wi, = 2.9 and corner angle
= 8°. An oblique shock is generated at corner with interacts withulent boundary layer over
plate. If it is assumed that the flow is across the a single absimock, it yields a normal Mach

number of 1.29.

4.3 RANS prediction

The standard-¢ model [76] is used to compute homogeneous isotropic tunoelénteracting
with normal shock with upstream Mach of 1.29. The turbulemtckl number)/; = 0.14 and
Reynolds number based on Taylor micro-scéle, = 19.1. The one-dimensional steady mean

flow for this problem is given by,

ok
pu— o P, — pe (4.2)
__0Oe € €
pu% = _CelpkE — CE2E (43)

Here, the diffusion terms are assumed to be negligible aglsck waveu is the mean com-

ponent of velocity in the x-direction,is the turbulent kinetic energy dissipation rate andy=

1.35 andc,, = 1.8 are model constants. The production of turbulent kinetergyis given by,
ou;

M= Tigy,
J

(4.4)

wherer;; = 2ur[S;; — (1/3)(0ty/0xk)d;5] — (2/3)pkd;;. In two-dimensions the production
term can be written as,

ou ou v v
P, = Tma + sza + Tyxax + Tyya—y (4.5)

Across a normal shock-wave the first term is higher in ordenagnitude compared to the other

terms, therefore the production of turbulent kinetic egdygcomes,

ou 2 ou
Py = |2urg — qurV.ai - —pk (4.6)
ox oz
In a normal shoclk/ .« ~ du/0z, therefore the above equation simplifies to
4 [(ou\® 2_ Ou
P, = - — | — =pk— 4.7
k= ghT <0x) Pk (4.7)
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or
4 2
Py = gurSh — 5pkSu (4.8)

From this expression it shows the production of turbuleneltc energy across a shock
is proportional taS? o (9u/dz)? < 1/6%, whereS;; is the dilatation and is the thickness of
shock. Since this dilatation term is large across a shoalewgredicts high values of turbulent
kinetic energy. The mean dilatation is proportional to thsetteam Mach number. The standard
models are sensitive to the thickness of shock waves heaggithand as the thickness of shock
reduces they predict higher amplification /af Fig. 4.4a shows that the standdrg¢ model
predicts over amplified values éfacross a shock at= 2 compared to DNS data. Also, higher
values ofk are predicted downstream of a shock wave. Therefesmplification predicted by

standardi-e model is a function of upstream Mach number and thicknesssbbak wave.
ko/k1 = (9, M) (4.9)

Boussinesq approximation [76] states that the turbuleasses are linearly related to the
mean strain rates via the eddy viscosity. This linear refakiolds well for equilibrium flows
in which, the time scales of mean strain rate are of the samer @f magnitude as that of
turbulence time scales. But this expression does not halditghly non-equilibrium flows
such as shock-waves. Across shock wave the mean strairhatges very fast but turbulence
requires time to get adjusted for this sudden change, ieanéan flow time scale and turbulence
time scales are not of the same order. Therefore the Bowsssapgproximation [76] breaks down
in a shock-wave.

The standard models were modified [73, 74] to suppress tihelant kinetic energy:
across a shock-wave by applying the realizable condiiod w/v/ < 2k, wherev’ is the
fluctuating velocity in the streamwise direction. The Rdgsatress and eddy viscosity across

normal shock are given by,

4 oOu 2
:D:v:__//:_ — — =pk 4.10
T pu's’ = gpro- = 3P (4.10)
]CZ
pr = PCy (4.11)

whereC, = 0.09 is the model constant. Applying the realizable conditidve, €ddy viscosity

wr is corrected by altering the model constant.
C), = min [Cg, Cg/d (4.12)
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where,C}, = 0.09 is the standard valug, = Sk/¢ is the dimensionless mean strain rate. The
1
parameterS = [25;;5;; — 25%]* and mean strain rate tens6t; = 1/2(9u;/0x; + 0u;/0x;).

ou/0x is negative across a shock waes= —(2/+/3)0u/0x. SubstitutingS in Eq. 4.12 and

using this value oC, in Eq. 4.11, the Reynolds stress simplifies to
Tow = —pu/u’ = —(0.35pk + gpk:) (4.13)
The production of turbulent kinetic energy modifies to,
P, = —(0.35 + ;)pk&i (4.14)

When above equation is substituted in Eqg. 4.2 in place of Byit4yields lower values of:
across shock wave. Fig. 4.4a shows that inspite of suppigessidy viscosity by the relaliz-
ablility correction,k shows higher values across shock-wave. Substituting albqvéd.13 in
Eqg. 4.2 and integrating;-amplification is obtained.
2

b (;) (4.15)
The dissipation term on RHS of Eq. 4.2 has negligible effecéwolution ofk across a shock-
wave. Hence only the production term is considered to okahiove expression. The-
amplification given by Eq. 4.15 is independent of shock theéds and depends only on the
upstream Mach number.

The flow is highly non-equilibrium across a shock wave sirfee mean flow changes
rapidly and turbulence cannot adjust to this sudden chaHgace the linear relation between
the Reynolds stress and mean strain rate via eddy viscagiakd down. Therefore, Sinled
al. [10] argue that more accurate amplificationkat obtained by setting, = 0.

On this basis the production of turbulent kinetic energyucess to

The above relation shows th&t oc S;; and therefore a lower amplification of turbulent kinetic

energy than the original model (see Eq. 4.8). Substitutegabove equation in Eq. 4.2 and

2
m 3
ks _ (?) (4.17)
]{31 U9

In this extreme limiting case of suppressing eddy viscdsizero value, Fig. 4.4b shows that the

integrating yields,

k-amplification matches for low/; < 1.5 and shows higher values faf; > 1.5 as compared
to DNS data.
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Figure 4.4: Comparison of standakde and modified turbulence models results with DNS
data across a normal shock-wave. (a) Variation of turbldargtic energyk in the streamwise
direction atM; = 1.29. (b)k amplification at varying Mach numbers.

Therefore from above modifications it is observed that segging the eddy viscosity
alone is not enough for accurate predictiorkafcross a shock. The question now arises is that
what physical mechanisms would be responsible that coyddress: across a shock-wave so
as to accurate predict tiheamplification. Next step would be how do we include thesesjta}
effects in the turbulence models. The unsteady shock maifmund to have a damping effect
on turbulent kinetic energy amplification at the shock. &iahal. [10] study this mechanism
using linear theory and propose the model for the produaifdarbulent kinetic energy at the

shock wave whose details are presented below.

4.4 Shock-unsteadiness correction

The fluctuations in turbulent flow when interacts with a sheelke creates shock-unsteadiness.
Sinhaet. al.[10] derived the turbulent kinetic energy equation basedhenreference frame
attached to the instantaneous shock. The shock-unstsadiogection term ik-equation has
damping effect ork amplification across a shock and is modeled using lineawysisal The
model is evaluated using DNS data. The details are presbeted.

The unsteady problem is converted to steady state by fixegakordinates to the shock.
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Figure 4.5: Homogeneous isotropic turbulence/shockactesn. Enlarged view depicting the
velocity diagram with(-n co-ordinate system attached to the oblique shock. The nanh
tangential components of velocity upstream and downstieashock are shown.

Imagine that we are sitting on the shock and in this framefefemce the shock is steady. The
linearized conservation equations of mass and momentuhrei¢+4 co-ordinates are written.
The (-direction is tangential to shock andis normal to it. The viscous terms are neglected
across shock and it is assumed that gradients in the shoakgbairection are negligible. In
Fig. 4.5 the part of the instantaneous shock is enlargedlamars For small shock-distortion
&y, coséy, = 1 andsing, = £,. Dropping the higher order terms the velocity componentsand

n direction are given by,

Uy = (ucoséy —vsingy) — & = (u —vé,) —& = (U+u') — &
ue = using, + v coséy = uy, +v = (U +u')§, +v' =u, + '

(4.18)

Here,¢; is the linear shock velocity in the streamwise directiorertvar represents the Reynolds
averaged and prime represents the fluctuation quantities cdntinuity and momentum equa-

tions in the steady statern coordinate system are given by,

o

gyo) = 0 (4.19)
) )

(p n)al; - —8—f7 (4.20)
ou

(pu) G = 0 (4.21)

Applying the chain rule of differentiation and substitgiiqgs. 4.18 in above equations we
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obtain,

Dt dai—&) = 0 (4.22)
(o )T+~ Q)G+ ) = — (B4 ) (4.23)
<ﬁ+p><u+u—st>8<u£y+v> = 0 (4.24)

Multiplying the x-momentum equation with’ and Reynolds averaging we obtain,

Qw?  _—ou ——0u —O0p ,Op
L 0x+pu£t0x u@x u@x

Sl 4.25
Por 2 ( )
The y-momentum equation is multiplied withi and Reynolds averaged. In three-dimensional
flow similar equation forz-momentum equation is obtained and multiplying it witth and

Reynolds averaging gives,

0 —0u
0 w? __— 0ﬂ

It is assumed that’ =+’ and for small shock distortio, = &,, hencew’¢, = v'§,. Summing

Egs. 4.25-4.27 and accounting for turbulent dissipatiorobtain,

ok —0u - —Ju — 8p 8p

plg = —pu2— + pu’&— — 2,0uv’§y— e o Y or — pe

- (4.28)

The above equation represents the transport of turbuleetikienergy equation for homoge-
neous isotropic turbulence interacting with a normal shddile term on LHS is the convection
of turbulent kinetic energy. The first term on RHS is the pridhn of turbulent kinetic energy,
the second term is the shock-unsteadiness term, the tivied the shock-distortion, the fourth
is the production due to mean pressure gradient, fifth isehacity pressure correlation and the
last term is the dissipation.

The shock-unsteadiness termxis/¢;, and from linear analysis,
wé >0 (4.29)

and the dilatatior;; = du/Jx is negative across shock wave. Hence the shock-unsteadines
term,
—0u
L= — 4.30
Sp = uw'& Oz <0 ( )

This shows thaf} has damping effect ohacross shock. From above Eq. 4.29, it follows that if

u' > 0then¢, > 0 and ifu’ < 0 then&, < 0. It implies that there is in-phase coupling between
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Figure 4.6: Variation of/¢,/u/2 as a function of upstream Mach number predicted by linear
analysis [11], used to obtain model parameter

incoming turbulent fluctuations and shock motion. Thes written in terms of model constant
b, timesv’, based on the assumption that shock unsteadiness is caugetddent fluctuation.

Therefore the term/¢, is modeled as,
i = biu? (4.31)

Linear analysis [11] is used to obtain the ratig, /2 with varying Mach numbers as
shown in Fig. 4.6. The shock-unsteadiness model closurstaotb, = 0.4 + 0.6e2(1-M1) js
obtained by curve-fit, to match the linear theory resultsbsfituting Eq. 4.31 in Eq. 4.30 we
obtain,

ou

St = W%bl (4.32)

Considering thé convection, production, shock-unsteadiness and dissipi@rms in Eq. 4.28,

the transport of turbulent kinetic energy reduces to,

0k _—ou _
Plim = pu?o—(1—bi) —pe (4.33)

The Reynolds stresa:? = (2/3)pk is obtained by substituting; = 0 in Eq. 4.10. The model
parametep, is modified tod; to accommodate effects of shock-distortion effect, préidac

due to mean pressure gradient and velocity pressure diorela

V) = bioo(1 — e ™) (4.34)
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Figure 4.8: Comparison of turbulent kinetic energy with DN&a [11] for homogeneous
isotropic turbulence interacting with shock with upstrelsliecch of 1.29.

b1 = 0.4 is the high Mach number limiting value bf (see Fig. 4.6). Hence the final form of
turbulent kinetic energy transport equation is given by,

ok 2 N
P_Uza—x = —gﬁksu‘(l —by) — pe (4.35)

From above equation the production term is given by,
2
Py = —gﬁk‘sﬁ(l - b) (4.36)

Hence, the the production term predicted by shock-unsteadicorrection is less compared to
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predicted by standard and modified models given by Eqs. 418 dnt. Integrating Eq. 4.35 by
neglecting the dissipation across a shock wave we obtain,
20y
%: (%) S (4.37)
The above equation shows that themplification predicted by shock-unsteadiness model is
less compared to predicted by realizable model (see Eq).4E§. 4.7 shows that he shock-
unsteadiness model matches with linear analysis resudtsvade range of Mach numbers.

In the above analysis, the shock-unsteadiness term is eudsing linear analysis and
the results are compared with linear analysis. The modetdhag validated with the avail-
able experimental or DNS data. The shock-unsteadinesslragakation is done with DNS
results [11] for upstream normal Mach number of 1.29 and pBatied in Fig. 4.8. The shock-
unsteadiness model matchesmplification at the shock wave at= 2. Hence, the missing
physics of shock-unsteadiness in standard and realizatdielsihas been modeled by Sirdta

al. [10] and shows improved prediction bfamplification across a shock wave.

4.5 Shock-unsteadiness model implementation

The shock unsteadiness model was subsequently incorgonab@e- and two-equation turbu-
lence models applied to shock/boundary-layer interadi@p. The simplicity of the shock-
unsteadiness correction term and its basis in underlyiggipal phenomena makes it attractive
to use in practical applications. The model is briefly diseasbelow and more details can
be found in the original references. Shock-unsteadinessa®n is a function of upstream
normal Mach number to shock-wavés,,, and shock identifying functiorf,. In this section
we discuss the formulation of shock-unsteadiness modeh¢e and two-equation turbulence

models likek-w and Spalart-Allmaras model.

45.1 Shock-unsteadiness modifieklw model

The production of turbulent kinetic energy in the standatd turbulence model [76] is given

by,

2
Py = ppS? — gﬁk[sn] (4.38)
here the eddy viscosity is,
k
pr =G, = (4.39)
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where,k is the turbulent kinetic energy; is the specific dissipation rate and constapt= 1.

1

S = [2Sijsﬂ — %S?} (4.40)

K23

Here,S;; = 1/2(0u;/0x; + 0u,;/0x;) is the mean strain rate tensor. For two-dimensional flows

the parametef and mean dilatatiosy;; takes the form,
4| /ou\> [ov\® [ouw ov\® [ou)\ [Ov
2 [— —_— —_— —_— —_— —_ —_— —_—
73 [(f%) ! (0y> ! (8@/ i 5@") <5ﬂf) <@y)] (@40

au ov
Sii = <8_x> + (8_y) (4.42)

In Sec. 4.3 it is shown that in a shock wave, the standard npoddictsP, o« S2 (see Eq. 4.8).
This results in excessively high values of turbulent kinetiergy behind the shock, which may
be the reason why the standdrd> model often predicts delayed separation in shock/boundary
layer interaction flows. Sinhet al.[10] argue that the eddy viscosity assumption breaks down
in the highly non-equilibrium flow through a shock wave and aevrealistic amplification of
k is obtained by setting, = 0 in the production term. This results i, « S; (see Eq. 4.16)
and therefore a lower amplification of turbulent kinetic iggyethan the original model.

The turbulent fluctuations in the incoming flow make the sheeke unsteady. The un-
steady shock motion is found to have a damping effect on tenbiinetic energy amplification
at the shock. Sinhet al.[10] study this mechanism using linear theory and proposéatow-

ing model for the production of turbulent kinetic energylat shock wave,
2
B, = _gﬁksii (1-1b)) (4.43)

where, the first term is obtained by settjing = 0 in Eq. (4.38) and the second term corresponds
to the shock-unsteadiness damping mechanism. The mo@ehptet’, represents the coupling

between the unsteady shock motion and the upstream vefagtyations, and is given by,
by =max [0, 0.4 (1 —e' )] (4.44)

It is zero for subsonic flows without shock waves and it readeasymptotic value of 0.4 for
high Mach numbers.
The shock-unsteadiness correction (see Sec. 4.4) is dpplibe k-w framework by mul-

tiplying the eddy viscosity term in Eq. 4.38 by the factor,

fq by
d=1-f, [1+ \/g} (4.45)
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where,( = S/w is dimensionless mean strain rate gfyds the empirical function that locates

the region of shock wave in terms of the rafig/S. It is defined as

fo = % _ %tanh 5(S4/S) + 3 (4.46)

Incorporating the shock-unsteadiness modificatiok-in model, the production of turbulent

kinetic energy is modified as
/ / 2 2—
b, = curST — §pks” (4.47)

The functionf, takes a value of one in shock and high compression regiortsedidaw field,
such that), = —b' /+/3¢ and the modified production term in tikew model matches with
that in Eq. 4.36. Otherwisef, = 0 and the standard form df~w model is recovered. The
shock-unsteadiness modification is applied across th&kghqaredict the correct amplification
of turbulent kinetic energy and is applied only to thequation only, the other governing

equation, does not alter.

4.5.2 Shock-unsteadiness modified Spalart-Allmaras model

In standard Spalart-Allmaras model [75], the mean flow imfigs the turbulence field via the

production term that is a function of the mean vorticity.

P, = ¢, pirS (4.48)

Here, the paramete$ = S + (7/x%d?)f,,. The vorticity magnitude is represented $is=
v/294;€;;, in which the rotation tensor is given &; = 1 [(0a;/0x;) — (9u;/0x;)], d is the
normal distance from the wallf,» is the damping function and the constanis = 0.1355
andx = 0.41. Therefore, the eddy viscosity is insensitive to mean dlilah in a shock wave.
However, the mean vorticity field in a turbulent boundaryelaghanges across a shock wave.
This can alter the production term and thus can changethe vicinity of the shock. In a
24° compression corner flow [12] at Mach 2.84, for example, theraction of a turbulent
boundary layer with an oblique shock results in a small iasegnz (less than 5% of the local
U magnitude).

Interaction with a shock wave enhances the turbulent fltictus in a flow. Sinhaet

al. [10] propose the following model for the amplification of thebulent kinetic energy and
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the turbulent dissipation rate when homogeneous isotropic turbulence interacts withoaksh

— %(1_13/1) o %521
ks _ (%) nd 2 (@) (4.49)

ky Up,2 €1 U2

where,b) is given by Eq. (4.44) and, = 1.25 + 0.2(M;,, — 1). The subscripts 1 and 2 refer

wave.

to the locations upstream and downstream of the shock, ctrgplg, andu,, is the mean flow

velocity normal to the shock. The kinematic eddy viscosity k2 /e, which yields
B _ (@)26_1 _ (@)" (4.50)
151 ky €2 Un,2

¢, =4/3(1 = b)) — 2/3cq (4.51)

where,

This can be achieved by a production term of the ferm) p.S;; in the transport equation for

pU.
P, = cy,piS — ¢, pirSi (4.52)
Note that this additional term is effective only in regioristyong dilation, and therefore does

not alter the standard Spalart-Allmaras model elsewhere.

4.6 Summary

The mechanisms involved in the fundamental problem of hamegus isotropic turbulence
interacting with shock are discussed. Linear theory cands®l o predict the turbulent ki-
netic energy amplification across shock wave for this probl®ifferent variations of thé:-¢
model are compared with DNS data. The standardmodel predicts very high amplication
of turbulent kinetic energyk across shock. The realizabtec model reduces amplication of
k across and it is further reduced by using = 0. Both the standard and realizable models
do not include the key physical process of unsteady moti@hotk-wave in these interaction.
The shock-unsteadiness mechanism is found to reduce thenp#fication of turbulent ki-
netic energy and a model is developed to bring in this dameffegt. The shock-unsteadiness
model improves thé predictions across shock-wave. Hence, the shock-unsiesgicorrected

Spalart-Allmaras anél-w models are used in the simulations.
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Chapter 5

Obligue shock-wave/turbulent

boundary-layer interaction

5.1 Introduction

In this chapter, the application of shock-unsteadinesgcbtion to the interaction of a canonical
two-dimensional oblique impingement configuration is g#dd Presence of multiple shock-
waves and flow expansion in the interaction region make itenatrallenging to implement
the shock-unsteadiness correction [90] than earlier cesgion corner applications [12]. The
function used to identify the location and extent of shock/@gneed to be altered. Also,
the variation of flow quantities upstream of the differenbdtrwaves cannot be prescribad
priori, as in the compression corner cases. The current chapterszdd these issues is detail
and presents an improved implementation of the shock-adstess modification for practical
flows.

The chapter is organized as follows. First, the experimdrtd cases and simulation
methodology is described. Next, the computed results bdhaiising standarkw model [35]
are presented. Next, the application of shock-unsteaslomsection to thé-w model is studied
in detail. A comparison of the computed results using stethdiad shock-unsteadiness modified

k-w turbulence models with experimental data is presented.
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5.2 Testcase

Experiments were performed by Schulein [14] for obliqueckh@ave/turbulent boundary layer
interaction flows. The geometry, shown schematically in Biga, consists of a flat plate and
a shock generator with three different deflection angles, af) and14°. The strength of the
incident shock wave increases with deflection angle, nesuilh a stronger interaction with the
boundary layer. The inviscid shock from tip of shock geraratteracts with the turbulent
boundary layer developed over the flat plate. Free streamitboms are)M., = 5, T,,, = 68.3

K and p,, = 4008.5 N/m? with unit Reynolds numbeRe,, = 37 x 10 m~!. The plate is
maintained under isothermal conditions of 300 K. Initidhg experiments were done for flow
over flat plate to obtain undisturbed turbulent boundargtayroperties like, 6,  andC' at
different locations. Wall data like pressure, skin frictiand heat transfer rates were measured

along the flat plate in the interaction region.

deflection angl®  Shock Entry Top
Point—
’Shock generator o _
Flow Incident Reflected
- shock  shock -
Turbulent 5 Vs =
Flat Boundary Layer = w
Plate ‘ y / =
\ g ; nlarged
‘ LUX 1 view Wall N
origin origin
(a) Experimental configuration (b) Computational Domain

Figure 5.1: Oblique shock-wave/turbulent boundary-laggraction on a flat plate. (a) Exper-
imental configuration with shock generator deflection amgland (b) computational domain
with appropriate boundary-conditions.

5.3 Simulation Methodology

Two-dimensional Reynolds-averaged Navier-Stokes (RA@fsiations are solved for the mean
flow, as presented in Ref. [76]. The two-equatiotw model of Wilcox [35] and the recent
shock-unsteadiness corrected model of Sinhaet al. [10] are used in the simulations. Both
the standard and shock-unsteadiness corrected models dwluae any compressibility cor-
rections. The RANS equations are discretized using a firiterwe discretization, where the
inviscid fluxes are computed using a modified, low-dissgratorm of the Steger-Warming flux

splitting approach [85]. The discretization method is secorder accurate in space. The im-
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plicit Data Parallel Line Relaxation method [86] is usedritegrate the equations in time and
reach a steady-state solution. Other details of the nualeniethod are discussed in Section 3.3.

The computational domain is schematically shown in Figbh5.lt extends 85 mm up-
stream and 150 mm downstream of the interaction region iw#ikparallel:-direction. In the
wall normal j-direction, it extends to 44 mm such that the top boundanpava the oblique
shock entry and exit locations. The experiments [14] wergedmver a 500 mm long flat plate
and the inviscid shock was adjusted to impinge at a fixed imeaif 350 mm from the tip of
shock generator. Inviscid simulations were done to lodageshock impingement point. This
point is taken as origin in the computational domain suchnlegative values of are assigned
upstream and positive values in the downstream side. Tlgcidvshock impingement point is
matched between computation and experiment for compauirigce pressure and skin friction
data.

The boundary conditions are identified in Fig. 5.1b. Inletfies for the computations are
obtained from separate flat plate simulation at freestraaingll boundary conditions identi-
cal to those listed above. The value of the momentum thickregmorted in the experiments [14]
is matched to obtain the mean flow and turbulence profileseaintbt boundary of the compu-
tational domain. The inlet profile for the mean flow variabkdee modified at the shock entry
point to post-shock conditions calculated analyticallystPshock conditions are also prescribed
at the top boundary. At the wall, isothermdl (= 300 K), no-slip boundary conditions are ap-
plied and extrapolation condition is used at the exit bompndéthe domain. The freestream and
wall boundary-conditions for the turbulence model varstdre discussed in Subsection 3.2.3.
For the obligue shock-wave/turbulent boundary-layeradtgon simulationsi andw values at
the boundary-layer edge in the inlet profile are prescrileetha freestream conditions at the

top boundary.

5.3.1 Grid convergence

A FORTRAN (FORmula TRANSslation) code is used to generatengletblock structured
Cartesian grid in the computational domain shown in Figh5.The mesh with exponential
stretching normal to the wall is used to span the computatidomain. Along the wall, the grid
points are clustered at the origin and the mesh is stretckgahentially in the upstream and
downstream directions. A careful grid refinement study idggened by systematically varying

the number of grid points in each direction, as well as refjrilve cell size in critical regions.
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Figure 5.2: Variation in (a),” at the wall and (b) skin friction coefficient for deflectioncied
= 14° obtained using computational grids with varying wall norsy@acing at the flat plate.
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Figure 5.3: Variation of (a) wall pressure and (b) skin foat coefficient ford = 14° with
changing number of wall-parallel grid points upstream agior

The skin friction coefficient is found to be most sensitivétte computational mesh and is used
to identify a grid converged solution.

The grid refinement study for thle= 14° strongest interaction is presented below. First,
the distance of the first cell center from the wall is sucaetgihalved from its initial value
of 2 x 107 m. The corresponding values in wall units}, are presented in Fig. 5.2&;
plotted in Fig. 5.2b indicate thadt x 10~¢ m is sufficient for an accurate solution. Next, the
number of points in the wall parallel direction is refinedilthie two finest grids300 x 240 and
360 x 240, yield overlapping results in Fig. 5.3. Finally, the numbépoints in the wall normal
direction is increased to arrive at tAe0 x 400 grid. Figure 5.4 shows that further refinement

to 300 x 460 grid points yields less tha2{% variation in wall pressure and skin friction. Based
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Figure 5.4: Effect of varying number of wall-normal grid pt8 on computed (a) pressure and
(b) skin friction coefficient foi) = 14°.

on the foregoing study, the solution obtained on 3he x 400 grid is considered to be grid
converged.

Different Courant-Friedrichs-Lewy (CFL) numbers are ugethe computations. In the
computations, a CFL of 0.05 is used at the beginning and itadwally increased to 10 in the
first 100 iterations. It is further increased to 500 at 108@ations and to 1000 at 500 iterations,
and to 5000 at 5000 iteration. A maximum CFL of 8000 is usedrdf©000 iterations. The
computation converges in 14 cpu hrs and it takes 20000 ibasato reach the steady state
solution. The computed solutions are checked for iteratimevergence by plotting the/;

variation. The drop of local residue is approximately frooa to 10~°.

5.4 Results and discussions

The oblique shock-wave/turbulent boundary-layer inteoacfor 14 shock deflector is shown

in Fig. 5.5. The flow in the interaction region is complex dag¢hte presence of multiple shock
and expansion waves along with local flow separation anda@anent. A magnified view of

the interaction region is shown in terms of the computedguesand Mach number contours.
The adverse pressure gradient of the incident shock segattae boundary layer on the flat
plate. The streamline showing the extent of separatiororet plotted and the separation
and reattachment locations are identified by S and R respéctiThe separation shock and
incident shock intersect and form induced and transmittedlswaves. The transmitted shock

is short in length and terminates at the expansion wavesragteaeby the flow turning over
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Figure 5.5: Computed (a) normalized mean dilatation (b¥guee and (c) Mach number con-
tours showing different shocks, expansion waves and séparaubble ford = 14° and
M., = 5.

the separation bubble. The expansion fan is embedded betheenduced and reflected shock
waves. It interacts with and weakens the induced shocksdteduses the induced shock to bend
and merge with the reflected shock. The compression wavesaed by flow reattachment
coalesce to form the reflected shock. The Mach number dexg&amsn its freestream value of
5 ahead of the incident shock to about 3.6 at the induced shiodks further reduced to 2.7
by the reflected shock. In parallel, the flow is compresseauiin these shock waves with a
decrease in the boundary layer thickness from its undistuvialue of 5.9 mm to 4 mm.
Figure 5.6 shows the variation in pressure and skin frictoafficient along the plate.

The experimental pressure measurements remain at fraestadue up to the separation point.
It rises to about 16 kPa across the separation shock andfuigker to about 58 kPa at flow
reattachment. Adverse pressure gradient of the separsiiock decreases the skin friction
coefficient from its undisturbed boundary layer valGg.is negative in the re-circulation bubble

and attains high values downstream of the interaction regio
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Figure 5.6: Computed (a) wall pressure and (b) skin frictiotih ¢ = 14° using standard-w
with M., = 5, compared with experiments.

The computations using the standard model shows similar trends in surface pressure
and skin friction coefficient variation. The major diffeaas compared to the experimental data
are in the size of the separation bubble and the skin frictoeattachment. The predicted sep-
aration point is far downstream of its experimentally meadulocation. The pressure rise at the
separation shock is smaller, followed by a higher presstadignt in the reattachment region.
The computed results show some waviness in the pressurigdtigtn downstream of reattach-
ment. The experimental pressure data also shows simitad.tféhis may be due to reflection
of compression/expansion waves between the wall and theztedl shock. The zero crossing
of the computed’; determines the separation bubble size as 7.6 mm. The condisyy ex-
perimental value is 34 mm. The steep rise in skin frictioreattachment grossly over-predicts
the measurements.; decreases further downstream to values closer to the expetal data.
Similar results have been reported in literature [55, 131 182]. The shock-unsteadiness cor-
rection significantly improves the model predictions. Tésuies involved in the application of

the modification and the results obtained are discussedail delow.

5.4.1 Application of shock-unsteadiness modification

In order to incorporate shock-unsteadiness effects, wd teelentify the shock waves and
high compression regions in the flow. This is done by the fionct,. The correction term is to
be applied at all grid points with non-zefo. The shock unsteadiness damping paramgter

a function ofM;,,. The shock-normal upstream Mach numbBbéy,, is calculated by taking dot
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Figure 5.7: Distribution of (a) normalized mean dilatateomd (b) f, showing different shock
regions ind = 14° interaction. (c) Points are identified in the shock-waves$ @pstream Mach
number is obtained along the corresponding streamlines.

product of vectoli; /a; with unit pressure gradient vect®ip/|Vp|.

12’1Vp
L= vp 5.1
n = (5.1)

Herew; anda, are the velocity vector and speed of sound upstream of shack.w

The shock waves and high compression regions in the stakedagblution are presented
in terms of the mean dilatatiosi; in Fig. 5.7. The quantity;; is normalized by the freestream
velocity U, and boundary layer thicknesg upstream of the interaction regios,; becomes
negative across the incident and separation shocks amasdtiege negative values at the inter-
section of these two shock waves;; also identifies the induced and transmitted shock waves.
It is positive in the expansion fan. A large region of relatwlow negative value ob;; is
observed in the reattachment region. This correspondstodmpression waves generated by
gradual flow turning.

The original form off, proposed by Sinhat al.[12] is a function ofS;; /S. This function
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when applied to the current configuration did not capturestygaration shock well. This is
because attains high values in the lower part of the boundary layekrtaerefore reduces the
magnitude of the rati®;; /S, such thatf, < 0.65. In an alternate fornd,; /S is replaced by
Sii60/V , whereV is the magnitude of the local velocity vector. This yield$téereproduction
of the separation shock. However small velocities veryehkosthe wall causes difficulties in
numerical evaluation of;. Next, the maximum magnitude of mean dilatatj6f)|,.... over the
computational domain is used to normaliZg in the definition off,. Although this function
identifies the shock well, it requires additional codingderitify the maximum valueS;;|,.az»
especially for parallel simulations run on multiple pras@s. Finally, the ratio of;; to U, /do

is used to define a function of the form given below. The charéstic lengthi, and velocity

U, are a priori known for a given simulation and can be specifgedser input.

The constants chosen are such tfiatakes values close to one in strong shock regions and
goes to zero outside shock waves. Depending on the levelpassion, it smoothly varies
between 0 and 1. Care is taken to mgkeegligible in boundary layer flows where the standard
model predictions are well validated. Fig. 5.7b shows tisérithution of the above function in
the interaction region and it captures the shock wavesifigahin Fig. 5.7a correctly. Note that
the definition off, is based on identifying the shock waves in the computatisakition and
no attempt has been made to tailor the function so as to mhaécpressure and skin friction
measurements.

In the compression ramp flow [12], the modification is actimé/on the separation shock.
The flow upstream of the separation shock is well charagérand the variation of Mach
number in the incoming boundary layer is readily availaBig comparison, the regions of non-
zerof, in the current configuration correspond to the incidentasaon, induced and reflected
shock waves. Obtaining the local upstream Mach number @pgints at these shocks is much
more challenging than the compression ramp case. Somes# tladues depend on the shock
pattern in the intersection region and cannot be prescrbpdori. For example, for points
in reattachment region upstream Mach number depends onrémgth of the incident shock,
induced shock and expansion waves.

The values of upstream Mach number at different shocks doeilated manually by
identifying an upstream location along the local streamiim Fig. 5.7c. For the separation

shock upstream Mach number varies approximately from 13.4@and it increases from 3.4
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Shock M, My, bll
Incident 34-50 1.89 0.23

Separation 1.1-3.4 1.28 0.09
Induced 34-36 161 0.18

Reflected 2.0-3.6 185 0.2

Table 5.1: Average values of upstream Mach number normdidokswaves\/;,, and shock-
unsteadiness damping factgr

to freestream value of 5 near the boundary layer edge fomitidant shock. Downstream of
the incident shock wave Mach number decreases to aroun@3tBe induced shock. For the
reflected shock wave, the upstream Mach number varies froomdr2.0 near the reattachment
point to 3.6 at the boundary layer edge. The average valuk§,pandb] at the different shocks
are listed in Table. 5.1. As expectéd approaches zero in the near wall region and attains high
values at the boundary layer edge. Incorporating the exstcialition oft] in the code is a cum-
bersome task. A representative average value of 0.188 dstaspply the shock-unsteadiness
modification and sensitivity of the flow solution to variatiof i, is presented.

The grid refinement study using shock-unsteadiness mod#Higthodel, for the deflection
angled = 14° strongest interaction is done. The results are similardabdhtained in Sec. 5.3.1.
The solution obtained on ti#90 x 400 mesh is considered to be grid converged. The distance
of the first cell center from the wall £ x 10~% m is sufficient for an accurate solution.

The main effect of the shock-unsteadiness modification redoice the amplification of
turbulent kinetic energy across a shock-wave. This effantlze seen in the normalized eddy
viscosity contours plotted in Fig. 5.8. Standard model results in high level of eddy viscos-
ity across incident shock and in the re-attachment region cdnparison the current shock-
unsteadiness model yields much lower eddy viscosity lexdlse interaction region. The com-
puted eddy viscosity distribution using the original sharisteadiness modification of Sinéa
al. [12] is also shown in Fig. 5.8b. This is very similar to the et model, except near the
separation point, wherner/y.., values are somewhat higher than that observed in Fig. 5.8c.

Lower turbulence levels with the shock-unsteadiness maallts in earlier separation
and thus a larger separation bubble than stantaranodel. The shock pattern obtained using

shock-unsteadiness modifiégdw model is shown in Fig. 5.9 in terms of dilatatidf), and
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Figure 5.8: Normalized eddy viscosity contours obtainedgig¢a) standard-w (b) original
shock-unsteadiness [12] and (c) present shock-unstessdinedels fof = 14°.

pressure contours. It is qualitatively similar to that oféa using the standarktw model

in Fig. 5.5, but the location and shape of the different shoekes are altered by the shock-
unsteadiness correction. Earlier separation using thefiled@-w model causes the separation
shock to shift upstream closer to experiment. It also ireeedhe length of the separation and
transmitted shocks. The transmitted shock is very smalliamibt clear in the standarchw
solution. Larger size of the interaction region also le@da tmore prominent expansion fan in
Fig. 5.9b than that obtained using the standatdmodel.

The shock structure obtained using the current shock-adstess correction has striking
resemblance to the experimental shadowgraph [14] presémteg. 5.9c. The high compres-
sion (negativeS;;) regions match the corresponding dark lines in experiniestizdowgraph.
These include the incident, separation, induced and triéteshshocks as well as the curved
pattern of the reflected shock. The experimental shadowgsagxplained in the flow diagram
in Fig. 5.9c. The expansion fan generated over the separatibble curves the induced shock

downwards. The reflected shock on the other hand is curvednasviby the expansion fan. The
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Figure 5.9: Computations showing (a) normalized meanatitan and (b) pressure contours
using shock-unsteadiness modifiedh model ford = 14°, compared with (c) experimental
shadowgraph and schematic [14].

pressure contours in Fig. 5.9b clearly show the interaaifdhe expansion fan with the shock-
waves. The only difference between experiment and computheing the upward curving of

the induced and reflected shocks caused by a second exp&siemanating from the end of
the shock generator. This effect and the resulting delaleriritersection of the two shocks is
not reproduced in the computed solution. This is becausshbek generator geometry is not
included in the current simulations.

Wall pressure and skin friction coefficient computed usimg shock-unsteadiness modi-
fied k-w model are compared with the experiment and stanéardmodel in Fig. 5.13. The
shock-unsteadiness modification appreciably improvedlthe predictions in the interaction
region. The location of the separation shock pressuresisaich closer to the experiment than
the standard model. This results in a better comparisoneoptassure plateau as well as the
pressure rise in the reattachment region with the measumtsm@ similar trend is observed

in the skin-friction results with the drop i6'; at separation point being closer to the experi-
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Figure 5.10: Comparison of (a) wall pressure and (b) skatiém coefficient ford = 14° com-
puted using standardw and shock-unsteadiness modified models over a larger domain up
to 500 mm downstream of interaction region, compared wigleexental data of Schulein [14].
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Figure 5.11: Normalized eddy viscosity contours obtaingdgi(a) standaré-w and (b) shock-
unsteadiness modifiddw models downstream of reattachmentfioe 14°.

mental data. The reattachment point is not affected muchd&ynodification and both models
predictions compare well with experiment. Past reattactirpeint, the shock-unsteadiness
modified k-w model reproduces the initial build-up 6f; well, but saturates at a value lower
than the experimental data. By comparison, the stanklaranodel predicts a steep rise @y
at reattachment followed by a gradual decrease. The maxigiupredicted at x = 10 mm is
significantly higher than the measurement.

The close match of experimental skin friction value and géadk-w prediction at x~ 50

mm is fortuitous. Computation over a larger domain extegdip to x = 500 mm (Fig. 5.10)
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Figure 5.12: Normalized eddy viscosity profiles at différstieam-wise stations downstream
of interaction region computed using (a) standatd and (b) shock-unsteadiness modified
models ford = 14°.

Separation poifitmm Reattachment pofhmm Separation bubble size,mm
0° experi- standard modified experi- standard modified expesftandard modified
ment k-w k-w ment k-w k-w ment k-w k-w
14 35.7 9.9 27.1 1.7 2.3 -04 34 7.6 27.5
10 16.2 6.9 13.5 4.2 3.5 2.6 12 3.4 10.9
6 - 5.7 7.8 - 4.7 3.9 - 1.0 3.9

Table 5.2: Comparison of computed separation and reatchpoints and separation bubble
size with experiments:Pall distances are measured from origin in upstream dinactio

shows that the standafdw results eventually asymptote to a value close to the modified
model prediction. The small difference between the two gdgiic C'; values is caused by a
build-up of eddy viscosity outside the boundary-layer ia $tandard:-w solution. Figure 5.11
shows the eddy viscosity distribution downstream of therattion region. The standakdw
model yields very high turbulence amplification across #fected shock, with; /1., levels
in the post-shock inviscid flow exceeding its value in thermary-layer. Profiles of eddy vis-
cosity plotted at different stream-wise locations doweetn of reattachment point (Fig. 5.12)
show this effect more clearly. High values of /.., at the boundary-layer edge distorts the
eddy viscosity distribution in the boundary-layer, and thon-physical effect persists far down-
stream of the interaction region. By comparison, the eddgosity distribution in the modified
k-w solution resembles that of a unperturbed zero pressureegtadrbulent boundary-layer
for x > 150 mm.

The location of separation and re-attachment points coaapuging the standardw and

current shock-unsteadiness modified models is listed in Table 5.2. The corresponding points
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Figure 5.13: Computed (a) wall pressure and (b) skin fictoefficient ford = 14° using
standard:-w and shock-unsteadiness modified models with different values @f, compared

with experiments from Schulein [14].

from oil flow visualization in the experiment are also talbeth Quantitative comparison shows
that the shock-unsteadiness correction markedly imprseparation location. As a result, the
separation bubble size is increased from 22% to 81% of therempntal measurement.

The sensitivity of pressure and skin friction predictiontte choice of shock-unsteadiness
model parametér, is presented in Fig. 5.13. The valuebbis varied from lowest to highest at-
tainable values of 0.05 to 0.4. There is negligible effect,ofariation on the surface properties
except for the location of the separation shock. A higheenhances the damping of turbulent
Kinetic energy, resulting in lower turbulence at the shoott thereby earlier separation. How-

ever, the variation in separation location is within 7% ddttbbtained using the average value

of b}.

5.4.2 0 =10° and6° cases

Shock generator angles t° and6° are simulated using the standard and modifiedmodels
and results are compared with experimental shadowgraghsiaface measurements 2A0 x
400 computational grid is used in these simulations, which Eebleon a grid refinement study
similar to thel4°case. Details are omitted for the sake of brevity. The shotteadiness
correction is implemented in these flows using the same saiti¢ and f; as discussed above.
The shadowgraphs in Fig. 5.14 and Fig. 5.15 show a reduatidhe intensity of the
interaction than th&4° case, in terms of smaller separation bubble size. The peeasa skin

friction data in Fig. 5.16 reflect the same trend with the galof separation and reattachment
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Figure 5.14: (a) Normalized mean dilatation contours caieghusing shock-unsteadiness mod-
ified k-w model ford = 10° and M, = 5, compared with (b) experimental shadowgraph from
Schulein [14].
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Figure 5.15: (a) Normalized mean dilatation contours camegbusing shock-unsteadiness mod-
ified k-w model ford = 6° and M, = 5, compared with (b) experimental shadowgraph from
Schulein [14].

35? eee 00 o OOO,_
5 .
i standard kw 0.006-
25F \, i
£ 20¢ -' modified ko | ¢ o4
< 1sf . >
[ experlment—- o004
10F 7
5F eeaas o:
b |

(a) (b)
Figure 5.16: Computed (a) wall pressure and (b) skin factoefficient ford = 10° at M., = 5
using standar@-w and shock-unsteadiness modified models, compared with experiments
from Schulein [14].

points listed in Table 5.2. As in the caseldf shock generator, the standardy model under-
predicts the separation bubble size and over predicts thérgkion coefficient at reattachment.
The shock-unsteadiness modification moves the separateation closer to experiment for
0 = 10° and increases the bubble size from 28% to 91% of the expetaineadue. For the°
case a separation bubble was not identified in the oil flonepatiThe standard model predicts
an incipient separation in this flow as in Fig. 5.17 and theificadion increases the size of the

bubble by a small amount. The computed pressureCgmatches well with experiments.
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Figure 5.17: Computed (a) wall pressure and (b) skin fiictioefficient ford = 6° at M, =5
using standard-w and shock-unsteadiness modified models.

5.5 Summary

In this chapter, we study the impingement and reflection aftdigue shock wave on a turbulent
boundary layer. Three configurations with shock generatgles of 14, 10 and%are chosen at
Mach 5. These cases span the range from weak shock strenfthorflow separation to strong
shock strength with a large separation bubble at the shockttary-layer interaction region.
Both standard:-w model and shock-unsteadiness modified models are applied and results
are compared to experimental data.

In spite of the geometric simplicity, presence of multigh®@sk waves and flow expansion
in the interaction region, makes implemention of shockiesdiness correction challenging.
The standard:-w model predicts delayed flow separation and yields too high-&iction at
reattachment. The damping effect of shock-unsteadingssation moves the separation loca-
tion much closer to the experiment. This in turn results aselmatching of the shock structure
with the experimental shadowgraph. Comparison with serfaeasurements show that the
shock-unsteadiness modification yields appreciable ingmant over the standakdw model,
especially near the separation point and in the reattachragion. It however under-predicts
the skin-friction coefficient in the recovering boundaayr downstream of the interaction.

For the weakest interaction case, the effect of shock-adstess correction reduces and
both the standard and modified models predict the wall pressd skin-friction well with the

experiments.
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Chapter 6

Simulation of a practical scramjet inlet

6.1 Introduction

A scramjet engine consists of an inlet, isolator, combuatal nozzle. The main function of a
scramjet inlet is to capture air flow from the incoming hyperis stream, compress it through
a series of shocks or compression waves, and provide unilomnto the combustor. There
should be maximum mass capture along with a minimum stagmatiessure loss in the inlet.
The shocks generated in the inlet and isolator replace theeotional mechanical compressors,
which are required for compressing air before combustion.

A typical inlet consists of a forebody portion, which randesn the nose of the vehicle
to the cowl tip. The shocks generated on the forebody rampgpoesses the air and meet very
close to the cowl tip. This ensures maximum mass capture §rean geometry. The internal
compression portion of the inlet is comprised of the inlettddownstream of the cowl tip. It
can have different cross sections like circular, rectasgaihd other intricate shapes. There are
several shock waves generated in the supersonic or hypeftmm in a scramjet inlet. These
shock waves impinge on the vehicle body and have multiplegtdin to form a train of shocks
and expansion waves between the vehicle body and the coisl pla

The shock waves in the inlet duct interact with the boundaygt on the walls and can
result in flow separation due to strong adverse pressureegtaacross the shock wave. The
shock/boundary-layer interaction often results in a caxplow pattern, comprising of addi-
tional shocks, expansion waves, shear layer and sepalathiie. The separation bubbles are
highly viscous, and hence increase the stagnation prekmsePeak values of pressure, skin

friction and heat transfer rates are found at reattachnmant.pAlso, the separation bubble acts
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as a blockage to the flow inside the inlet duct and can resuhlét unstart. It is therefore
important to predict the shock/boundary-layer interawtim a scramjet inlet, including the size
of the recirculation region, accurately.

In a practical inlet configuration, presence of geometritat®ns add to the overall com-
plexity of the flowfield. In the absence of experimental d&faD is often relied upon to predict
and improve the performance of scramjet inlets. It is theeekssential to perform detailed
CFD simulations of the flowfield inside an inlet duct. The feai the current work is to study
the reflection of the cowl and hinge shocks from the opposék and to predict the resulting

size of the separation bubble accurately using the shosteadiness model.

6.2 Inlet configuration

\ &L

flow \
—_
_ vehicle body
expansion
nose tip or  amp2 e
10.5 ramp-1
forebody inlet duct
(a)
cowl shock
shock-shock .
interaction hinge shock

forebody S
shocks

expansion
- = fans
shock/boundary-layer

interaction

(b)

Figure 6.1: (a) Geometric configuration with (b) flow schemdor practical scramjet inlet.
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Mach numbenM/,, 6.5
Temperature (K) 219.3
Pressure{/m?)  2163.2
Density kg/m3)  0.03436
Velocity Uy, (m/s) 1930

Table 6.1: Freestream conditions for scramjet inlet sitnorha.

A scramijet inlet of the mixed-compression type is shown o Bil. The geometry is in-
verted in this figure and consists of two forebody ramp$00i° and21° respectively, followed
by three expansion corners, eactvdfleading to the inlet duct. The cowl is bent 6%and re-
sults in formation of oblique shocks from the cowl tip andderocation. The shock/boundary-
layer interaction due to the impingement of the cowl and &islgocks on the opposite wall is
marked in the figure. The freestream conditions listed inelah1 correspond to an altitude of
26 km.

6.3 Computational grid

The grid and boundary conditions for forebody and inlet duetshown in Figs. 6.2 and 6.3.
Structured Cartesian grids are generated using Gridgekagad103]. Based on the grid con-
vergence study, a grid @87 x 190 is used for the whole geometry. There are 21 grid points
upstream of the nose tip, 126 points in the forebody and 19®&$pm the inlet duct. In the
flow-normal direction 190 points are used to span the regatwéen the wall and the outer
boundary. The grids are clustered in high gradient regidrshock waves, expansion corners
and boundary layer regions of forebody and inlet duct. A mimin cell size ofl x 10~ mis
taken in wall-normal direction of forebody and inlet ductelTcorresponding,” value varies
between 0.15 and 0.35 on the forebody and is less than 1. &arethcle wall of inlet.

These conditions are specified upstream of the nose tip and #te top boundary, except
for the region close to the cowl tip, where extrapolationditan is used to avoid reflection
of forebody shock waves. At forebody, cowl and vehicle wasthermal 7, = 300 K), no-
slip and zero pressure gradient boundary conditions argreesk An extrapolation condition is
specified for the supersonic flow at the exit of the inlet diitte freestream and wall boundary

conditions for the turbulence model variables are disaiss&ubsection 3.2.3.
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Figure 6.2: Computational grid with every second point iaredirection along with boundary
conditions used in forebody. The inset shows enlarged vigieogrid in the ramp corner and
cowl tip regions.
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Figure 6.3: Computational grid with every second point iohedirection for inlet duct along
with boundary conditions.
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6.4 Simulation methodology

We solve two-dimensional Reynolds-averaged Navier-Sta@aguations [76]. The standard
Spalart-Allmaras model [75] and shock-unsteadiness cmdeSpalart-Allmaras turbulence
model [12] are used in the simulations. The RANS equatioesiacretized using a finite vol-
ume discretization, where the inviscid fluxes are computdgua modified, low-dissipation
form of the Steger-Warming flux splitting approach [85] (@ed order accurate). The implicit
Data Parallel Line Relaxation method [86] is used to integthe equations in time and reach
a steady-state solution. Other details of the numericahatkare discussed in Section 3.3. The
CFL numbers used in the current simulations follow the saemdtas discussed in Sec. 5.3.1.
A maximum CFL number of 1000 is used in the simulations arakiés 40 cpu hours (1,50,000

iterations) to obtain the steady-state solution.

incidentcowl hinge  transmitted - induced  reflected
| shock shock shock exp;ggisg(r)]n fan ‘shock shock
03f /% 3 y \
e )
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shock———=
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Figure 6.4: Computed normalized dilatation contours idgng shock regions in cowl region,
using standard Spalart-Allmaras model [75] with,, = 6.5.

Our focus of work is the shock/boundary-layer interactiegion in inlet duct as shown
in Fig. 6.1b, where the cowl shock interacts with boundagetaon vehicle wall to form a
separation bubble. The computed shock-structure insigléntat duct is shown in Fig. 6.4 in
terms of the normalized mean dilatation contours. The sktvokture is similar to that obtained
in the interaction of an incident oblique shock with a flatpllaoundary layer, shown in Fig. 6.5.
The incident shock, separation shock, induced shock, rréiesl shock and reflected shock
follow the same pattern in the two flows. The differences heeatdditional shock generated by
the hinge and the reflection of the induced shock from the tlh Whese are not present in the
isolated shock impingement case shown in Fig. 6.5.

The flow solution computed for the impingement of an obligugck on a turbulent bound-
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Figure 6.5: Computed normalized dilatation contours idging shock regions using standard
Spalart-Allmaras model [75] for isolated oblique shockfbdary-layer interaction with deflec-
tion angle of 14 and M, =5.

ary layer is shown in Fig. 6.6. The data corresponds to tlieshdck generator case studied
in Chapter 5. The results are similar to those presentedan®4, except for the fact that the
Spalart-Allmaras model is used here instead ofitheturbulence model earlier. Note that the
standard Spalart-Allmaras model yields too small separdtubble compared to the experi-
mental data.

The variation of surface pressure in the interaction reg@iotted in Fig. 6.7, where the
initial pressure rise at ~ —38 mm represents the separation location. It is apparent lieat t
standard Spalart-Allmaras model predicts a delayed separe ~ —20 mm) as compared
to the experiment. The shock-unsteadiness correctiorcesdihe turbulent eddy viscosity at
the separation shock and thus enhances flow separationtiddslicomputed using different
values of the shock-unsteadiness paramgteare also plotted in Fig. 6.7. A higher magnitude
of ¢, yields a larger separation, amnf] = -2.0 is found to match the experimental separation
location closely. Also the flow topology matches the expental schlieren image better than
the standard model (see Fig. 6.6). This value of the shoskeadiness parameter results in a
close match of the separation location for a range of shaekgths, and therefore it is used in

the study of cowl shock impingement.

6.5 Flowfield and wall data

Figure 6.8 shows the Mach contours on the forebody ramps.bgue shock is generated at

the nose tip and a second oblique shock forms at the corneebetthe two ramps. The two
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6: Computations showing normalized density asrgtaising (a) standard Spalart-
model [75] and (b) shock-unsteadiness modifieda®pAllmaras model [12] for

oblique shock/boundary-layer interaction with deflectaogle of14° and M, = 5, compared
with (c) experimental shadowgraph [14].
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Figure 6.8: Computations showing variation of Mach consanrforebody with\/,, = 6.5. The
inset shows the enlarged view of shock-shock interactigiore

shocks intersect to form a single forebody shock of highrensgith close to the cowl tip. A shear
layer and an expansion fan emanates at the Edney type-Vkstmck interaction [40] and is
shown clearly in Fig. 6.8b. The shear layer enters the inlet dnd forebody shock passes
slightly upstream of the cowl tip. A boundary layer develapsng the ramp surfaces and an
incipient separation bubble is formed at the ramp corner.a®grage value of Mach number
= 3.64 is observed at exit of forebody and the turbulent baunthyer thickness is 10.8 mm
before the expansion corner.

Fig. 6.9 shows the normalized pressure along a streamlisgimqathrough the inviscid
region across the forebody shock waves. The mean pressmansalized with the inlet
freestream pressure. The computed pressure jump acrosantipel and ramp-2 shocks are
slightly higher compared to the inviscid theory becauseaniraary layer displacement effect.

Figure 6.10 shows the shock structure of inviscid simuteim terms of pressure con-
tours. The cowl shock and hinge shock interact to from a cagtbshock wave. The combined

shock reflects from the vehicle wall to from a straight reflecshock. The expansion fans
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Figure 6.9: Computations showing normalized pressure jaongss ramp-1 and ramp-2 shocks
in the inviscid region of forebody with/,, = 6.5.
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Figure 6.10: Inviscid computations showing normalizedspuge contours in inlet duct.

generated at the three expansion corners bend the shock dewawards. The flow expands
across the corner expansion fans and increases the locdl Manber. The expansion fans
reflect between the cowl wall and the vehicle wall to from apaesion fan train.

The computed pressure and Mach contours (Figure 6.11) showsplex flowfield in the
inlet duct with large separation bubble for viscous flow. The/l and hinge shocks impinge on
the turbulent boundary layer on the vehicle wall and formarcelation region. A separation
shock is formed at the separation point and a shear layetagevever the separation bubble.
Intersection of the separation and incident shocks geménatinduced and transmitted shock
waves. The flow turns over the separation bubble to genenae@nsion fan. The compression
waves generated by flow reattachment coalesce to form tleetedl shock. There are multiple

reflections of shocks and expansion waves in the duct.
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Figure 6.11: Computations showing (a) normalized pressutgb) Mach contours in inlet duct
using shock-unsteadiness modified Spalart-Allmaras nadgl

The surface pressure and skin-friction coefficient alorggittet bottom wall is shown in
Fig. 6.12. The wall pressure is normalized with freestreaesgure. The wall pressure drops
across the two expansion corners at x = 0.86 m and x = 0.94 m. eXpansion fan at the
third expansion corner (see Fig. 6.10) is cancelled by tpars¢éion shock. Pressure rises at
flow separation, remains approximately constant alongéparstion bubble and rises to peak
values in the reattachment region. The skin friction datavsha large negative region between
the separation (S) and reattachment (R) points. The sepataibble is 104 mm long in the

streamwise direction and extends to about one third of tieeluight.
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Figure 6.12: Computed (a) normalized wall pressure andKin) fsiction on vehicle wall of
inlet duct using shock-unsteadiness modified Spalart-&lém model [12].

6.6 Comparison of separation bubble size with experiments

In this section, the computed separation bubble size is eosdpwith available experimental
data to ascertain the accuracy of the results. In the absdrogerimental data for the current
geometry, the data reported by Schulein [14] is used fodatibn. Specifically, the size of
the separation bubble predicted in the inlet duct is contpaiith those reported in the oblique
shock impingement experiments. The variations due toréiffees in the inflow conditions are
accounted for three cases reported in Ref. [14], which spord to shock generator angles of
14°, 10° and 6 placed in a Mach 5 flow with density of 0.2048/m?3 and temperature of 68.3
K. By comparison, the flow conditions at the entrance of thetiduct correspond to a Mach
number of 3.4, density of 0.088;/m? and temperature of 382.2 K. These are the inviscid

conditions downstream of the forebody ramp shock.
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Parameters Inlet Oblique shock impingement

case-1 case-2 case-3

Free stream Mach numbé¥/, 3.4 5 5 5
Deflection angle® 15 14 10 6
Inviscid incident shock strengths /p; 11.34 13.62 7.63 3.76
Unit Reynolds numberze; o, x 107, m~! 0.74 3.7 3.7 3.7
Upstream boundary layer thicknesg, mm  22.7 466 466  4.66
Separation bubble sizéys, mm 104 34 12 -
Normalized separation bubble sizks/d, 4.58 7.30 2.58 -

Table 6.2: Comparison of flow parameters between the sctamhge simulations and oblique
shock impingement cases [14].

The extent of flow separation in a shock/boundary-layerattton mainly depends on the
shock strength and the Reynolds number of the flow. A stromggrent shock wave results
in a larger separation bubble and vice versa. On the othet, lehigher Reynolds number
results in a higher level of turbulence. This in turn leada faller boundary layer profile, thus
resulting in delay of flow separation. Also, the separatiablde size is found to scale with
the boundary layer thickness upstream of the interactidres& parameters are listed for the
current configuration and for the three test cases of Sah[idj in Table 6.2.

Deflection of a Mach 3.4 flow by the cowl shock results in a puessise of 11.34. A
comparison of the inviscid pressure rise values placeshbekéboundary-layer interaction in
the inlet duct between the experimental test cases 1 and 2.réldrculation bubble in the
inlet duct is however much larger than those reported in #pe@ments. This is because of
a thicker boundary layer than that in the experimental cag®s normalizing the separation
bubble size with the incoming boundary layer thickness,siheulation results compare well
with the experimental data. From above analyAis/d, = 4.58 for the inlet duct lies in between
the experimental test cases 1 and 2.

The upstream unit Reynolds number in the current simulasidime times lower than that
of Schulein’s [14] cases. A lower Reynolds number increéisesize of the separation bubble,
and thereforeAs/d, in the inlet duct is found to be 78% higher than that in case lZ&reas
the inviscid shock strengths vary by 49%. Thus, the simuteteproduces the effect of Mach

number, Reynolds number and upstream boundary layer tmskon the shock/boundary-layer
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interaction correctly. Thus, the computations reprodeeeixperimentally observed trends in

predicting flow separation in the inlet duct.

6.7 Inlet performance parameters

The variation of computed velocity, Mach number and staté&spure at exit of inlet duct are
shown in Fig. 6.13 for inviscid and viscous simulations. Timgscid computation yields an
approximately uniform streamwise velocity of (1500-160&)n The variation at y~ 0.29 m

is due to the reflected shock wave. The velocity profile oletiby the viscous simulations
matches the inviscid result in the core flow, and has lowewargf in the boundary layer. The
boundary layer thicknegson vehicle wall is = 16 mm and on cowl wall is = 14 mm. Overall the
viscous effects are present in 50% of the inlet duct crossose similar variation is observed
in the Mach distribution at the exit plane with the core flowdaumber varying between 3.0
and 3.6.

The exit plane pressure data shows similar variation innkis¢id and viscous simula-
tions. There is a large variation in pressure between y =40mi2&nd 0.29 m, which is caused
by the reflected shock passing through the exit station. Tifexehce between the inviscid and
viscous simulation at y 0.28 m is caused by the induced shock. The induced shock s gen
erated by flow separation and therefore absent in the imvEoiulations. A reflection of the

induced shock results in a higher pressure on the cowl waifl that in the inviscid solution.

By intet, MPa By oxis, MPa g Moy
Inviscid 2.68 1.03 0.38 2.89
Viscous 2.66 0.62 0.23 2.0

Table 6.3: Inlet efficiency parameters for inviscid and viss simulations of inlet duct.

An average value of total pressure and Mach number (see Higbpis calculated from
the profiles and listed in Table 6.3. The inlet performanceupeters [104] for both inviscid
and viscous simulations are listed in Table 6.3. The pres&oovery factor, is calculated as
ratio of average value of total pressure at duct exit to chlet.i In an inviscid simulations 62%
losses occur across different shock waves. The viscoudations show higher losses of 77%

and this additional loss of 15% compared to an inviscid omiesto viscous effects.
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6.8 Summary

Two-dimensional simulations are performed for a practszhmjet inlet geometry using the
shock-unsteadiness modified Spalart Allmaras turbulenmgein The inlet geometry consists
of two forebody ramps, followed by expansion corners legdothe inlet duct. The cowl is
hinged at 8 with respect to the inlet duct. The oblique shocks generlayetthe cowl and the
hinge location interact with the turbulent boundary on tippasite wall to result in a large
separation bubble. The presence of multiple shocks andeigawaves, their reflection inside
the inlet duct, along with the recirculation region and fedeear layers result in a complex
flow pattern. The computed solution is used to obtain a aetaihderstanding the flow field,
specifically the separation bubble formed inside the inletd

The shock-unsteadiness parameter is calibrated agasmsekgerimental data for the dif-
ferent oblique shock impingement cases listed in Chaptan8,then used in the current sim-
ulation. The separation bubble size is further validatesiregg available experimental data for
similar interactions.

Finally, the performance parameters of the scramjet imebhatained using the computed
flow solution. The viscous effects are present in 50% of thet auct cross section. The viscous
effects contribute additionat 15% of total pressure loss in inlet duct as compared to asgivi

case.
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Chapter 7

Three-dimensional single-fin configuration

7.1 Introduction

The most fundamental three-dimensional shock/boundafgrlinteraction is generated on a
single-fin configuration. It consists of a flat plate with arghfin mounted perpendicular to
it. The oblique shock wave generated by the fin interacts wéhturbulent boundary layer
on the plate and results in flow separation. The three-dirapabkvortical flow thus generated
alters the inviscid flow pattern. Additional shock-wavegansion regions and free shear layers
are generated that result in a complex flow in the interaatgion. Practical applications of
single-fin configuration include scramijet inlets, wheredb&que shock generated by the cowl
interacts with the side wall boundary layer.

In this chapter, the flow in a three-dimensional single-finfeuration is studied using
Spalart-Allmaras model [75] and shock-unsteadiness neatiffipalart-Allmaras [12] model.
First, the test case is described, which is followed by theutation methodology. Next, the
flowfield is explained for the strongest shock strength cadie fim deflection angle o23° and
M., =5. Next, the shock-unsteadiness correction to Spaldmakbs model is applied and the
computed wall pressure and skin friction are compared viigheixperiments [14]. Lastly, the

computed results for deflection angleslisf, 12° and8° at Mach 5 are presented.

7.2 Testcase

The schematic of the experimental single-fin configuratiseduby Schulein [14] is shown in

Fig. 7.1a. The fin is inclined with deflection angle ®dto the flow direction. Different fin
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Figure 7.1: (a) Three-dimensional single-fin configuratigth fin mounted on the flat-plate.
The surface measurements [14] were taken along the dastesd (lb) Computational domain
with appropriate boundary conditions.

deflection angles betwee¥i and23° are taken with stagnation temperatufg,= 410 K and
stagnation pressuré}, = 2.12 MPa atM,, = 5. The fin height is 2100 mm normal to the flat
plate and the fin-tip starts at a distance of 286 mm downstiahre flat plate edge. Both the
flat plate and fin wall are maintained under isothermal camdbf 300 K. The flow is turbulent,
upstream of the interaction region with a unit Reynolds nendf Re;., = 37 x 105 m~!. Wall
data like pressure, skin friction and heat-transfer rate®ewneasured at different cross sections
in the shock-wave/turbulent boundary-layer interactiegion (see Fig. 7.1a). The undisturbed
turbulent boundary-layer properties measured on the faé @it 20 mm upstream of the fin tip

ared =3.8 mm,§* = 1.6 mm,f) =0.16 mm and’; = 1.35 x 107>,

7.3 Simulation methodology

We solve the three-dimensional RANS equations for the meaw #s presented in Ref. [76].

The standard Spalart-Alimaras (SA) model [75] and shociteadiness modified Spalart-Allmaras [12]
without any compressibility corrections is used for cadting the eddy viscosity. In-house code

of Sinhaet al.[84] is used in the simulations. The governing equationslm@etized in a finite-

volume formulation where the inviscid fluxes are computadgia modified (low-dissipation)

form of the Steger-Warming flux-splitting approach [85].€Timethod is second order accurate

both in streamwise and wall-normal directions. The othaaitieof the code are described in
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Section 3.3.

The freestream conditions afle, = 68.3 K and p,, = 4008.5 N/m?. The computa-
tional domain and boundary conditions are identified in Figb. At the fin wall and flat plate,
an isothermal wall with no-slip condition is applied. An egolation boundary condition is
assigned at top and exit planes. The freestream and walldaoyirconditions for the turbu-
lence model variables are discussed in Subsection 3.262.piofiles for the computations are
obtained from separate two-dimensional flat plate simutedit freestream and wall boundary
conditions identical to those listed above. The value ofrtteementum thickness reported in
the experiments [14] is matched to obtain the mean flow arultence profiles at the inlet
boundary of the computational domain.

A single-block grid is generated using a FORTRAN code. Adtrited Cartesian mesh
with exponential stretching normal to the plate and fin wigllssed to span the computational
domain. The origin is taken at tip of single-fin and the grigtietched exponentially in the
upstream and downstream directions of origin. A carefull gefinement study is performed
by systematically varying the number of grid points in eagledtion, as well as refining the
cell size in critical regions. A converged grid 00 x 160 x 160 is obtained with 140 points
along the streamwise direction, 160 points transverseedldlv and 160 points normal to the
plate. At the wall the minimum distance bdfx 10~° m is taken, in wall-normal direction. The
y, varies between 0.06 in the undisturbed boundary-layer taxémum value ofy; < 0.6 in
the shock/boundary-layer interaction region. This valfig;ois sufficient to capture the high
gradients of mean and turbulent variables in the boundaygrlin the wall-normal direction,
especially at the reattachment region.

In the computations, a CFL of 0.05 is used at the beginningtasdyradually increased
to 10 in the first 3500 iterations. It is further increased @ at 6000 iterations and to 1000 at
8000 iteration. A maximum CFL of 5000 is used after 1000Giiens. The corresponding time
steps vary fron2 x 1072 sec for the initial iterations td x 10~ sec at steady state solution. It

takes 190 cpu-hours to reach the steady state solution@@@@terations.

7.4 Flow physics

An isometric view of the flow solution computed for tR8° fin is shown in Fig. 7.2. The

normalized pressure contours are taken at two x-sectio®? @ind 183 mm to identify the
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Figure 7.2: Flow solution in a single-fin shock/boundaryelainteraction in terms of the com-
puted surface streamlines on the plate. The shock struigtstgown by normalized pressure
contours at x-sections = 92 mm and 183 mm.
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Figure 7.3: Computed stream-surfaces starting/a$ = 0.8 andz/d, = 0.25 showing vortex
region, and the normalized pressure contours at x-sectB#mm, as viewed from the down-

stream direction.

shock structure. The flow pattern is depicted by streamtise=n at the cell adjacent to the flat
plate. Very near to the wall these streamlines behave gitoildne skin-friction lines.

A planar shock-wave generated by the fin interacts with theutent boundary-layer on
the plate. It separates the boundary-layer and resultseirfatmation of separation shock.

The flow separates at primary separation line S1 and attath@smary reattachment line R1
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Figure 7.4: (a) Experimental [106] pictorial diagram foffldetion anglenn = 16° and M, =
3.95. (b) Computed normalized stagnation pressure contoursattion = 123 mm, fof = 23°
andM,, = 5.

near the fin wall. The streamlines converge at separati@enSihand the fluid moves upwards
normal to the plate and then turns in counter clockwise toado form a helical flow as shown
in Fig. 7.3. Two stream surfaces originatingzalt, = 0.8 andz/d, = 0.25 are shown, where
z is the normal distance from the plate apds the undisturbed boundary-layer thickness. At
the reattachment line the fluid impinges on the plate from togking the streamlines diverge
in either direction. The inviscid shock-wave in Fig. 7.3usdates into a lambda structure and
encloses the vortex region.

The experimental [106] flowfield schematic is shown in Figa7z.The inviscid shock bi-
furcates and forms a separation shock and a rear shock, sultsrim the formation of lambda
structure. The boundary layer separates across the sepaiadck and forms a conical vortical
flow (displayed by shaded region) underneath the lambdaksétoacture. A slip line is gen-
erated from the triple point of intersection of three sho@ves and a set of compression and
expansion waves are formed between the shear layer andghieel The computed contours
of local stagnation pressur is normalized with the freestream stagnation pressyreand
is shown in Fig. 7.4b. The computed flow features match catalély with flowfield diagram
in Fig. 7.4a. The shear-layer is observed over the vortelnegvhich emanates from the sep-
aration point and interacts with the rear shock-wave and tbks up and turns back to from a
tongue. A secondary flow separation region was observeciexperiments of Schulein [14].
In the present computation, secondary flow is not predidbed jts effect is observed in the

region beneath the tongue.
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Figure 7.5: (a) Enlarged region of computed (a) pressureéocos (b) Mach contours at x-
section =123 mm.

The computed normalized pressure contours are shown iry5g. An expansion fan is
generated when the rear shock-wave reflects from the shyegr Tehe computed Mach contours
are shown in Figure 7.5b. A type-IV shock-shock interactid@] is observed at the triple
point. The alternate increase and decrease in Mach coritotlre region between shear layer
and jet represents the weak compression and expansion waxresponding to as observed
in Fig. 7.4a. The flow remains supersonic in the separateidmmegSmall subsonic pockets
are observed near the corner region of fin wall and plate. Tipersonic jet (shear-layer)
emanating from the triple point of shock-shock interactimpinges on the flat plate. High
values of pressure is observed in the impingement regiokedan Fig. 7.5a. A small fin-
vortex is formed when the fluid coming from the inviscid regiateracts with fin wall and
turns in the clockwise direction, as viewed from the dowssstn direction. A corner-vortex was

observed in the vapour screen images of the experiments [57]

7.5 Comparison of computed wall data with experiments

In Fig. 7.6, the computed normalized pressure and veloattaurs are overlapped with the
normalized wall pressure and skin friction on the flat platg-aection = 123 mm. The sur-
face data is taken along the dashed lines as shown in Fig. Mha distance along y-axis
is normalized with the corresponding x-section distancasueed from the fin-tip. The wall

pressure remains constant in the undisturbed boundaey-tmfore the interaction region. The

separation shock affects the upstream flow at point of infladn and the wall pressure rises
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Figure 7.6: Computed (a) normalized pressure contourdapfeed with normalized wall pres-
sure and (b) normalized velocity contours overlapped vith-friction coefficient, at x-section
=123 mm.

effectively across the separation shock at primary sejparpbint S1. It remains constant in the
separated vortex flow and rises to peak values at primarjagtahent R1. The wall pressure
then decreases away from the reattachment region and eseghe fin-plate junction. The
skin friction does not vary significantly in the unperturbeaundary-layer before the region
of influence U. The boundary-layer is compressed acrosseba@ration shock wave, hence it
increases the velocity gradient and thereby increasesfis&iion. An additional rise of skin
friction in R2 region is due to higher levels of the eddy-wasity. It then rises between S2 and
R1. At the reattachment point R1, skin friction reaches t@kpe&lue due to high values of the
velocity gradient.

Figure 7.7 shows comparison of the computed wall pressutteskim friction with the
experimental data [14]. The experiments give initial puessise location at y/x = 1.22, where
as the standard Spalart-Allmaras model predicts a delsgatation at y/x = 1.14. The com-
puted surface pressure compares well with experiment®iprimary vortex and reattachment
point R1. The skin fiction coefficient also shows a similanttebut the peak skin friction at
reattachment is underpredicted. The computed locatiomsiofary separation point S1 and
reattachment point R1 are compared with the experimental atadifferent x-sections in Ta-
ble 7.1. It is observed that, at all the x-sections, the steth@A model predicts initial pressure
rise location downstream as compared to the experiment.

Next, the shock-unsteadiness correction of Siehal. [12] is applied to the complex re-

gion of three-dimensional shock/boundary-layer intecactThe shock-unsteadiness parameter
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Figure 7.7: Comparison of computed (a) wall pressure ackeae= 154 mm and (b) skin fric-
tion at x-section = 123 mm with experiments [14] using staddgpalart-Allmaras model [75]
and modified Spalart-Allmaras model [12].
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Figure 7.8: Computed normalized eddy-viscosity contotirs-gection = 123 mm using (a)
standard SA model and (b) shock-unsteadiness modified S&Inatth ¢, = -2.0.

¢y, (see Section 4.5.2) is a function of the upstream normal Machber)/,,, and needs to be
evaluated at each shock wave so as to implement the shotkaditgess correction. The three
dimensional shock structure in the single fin configurateguite complex. It is not easy to
find the orientation of the different shock waves and thamation of the upstream flow at each
shock. Therefore, it is a difficult task to calculate the meane of M;,,. An alternate approach
is to use different values af, in the current single-fin case to improve the flow predictions
Similar approach by Gaitona al.[105] was used for simulating three-dimensional double-fin
shock/boundary-layer interaction. The turbulence modektants were varied by limiting the
value of production term in standakde turbulence model. A smaller value of model constant
resulted in lower turbulent kinetic energy. Hence, the cota@ solution resulted in a larger

separated region and matched well with the experimentafitdshand wall pressure.
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S1 R1

X-section, Exp SA modified Exp SA modified

mm SA SA
82 1.3 1.24 1.3 - 0.5 0.5
92 1.27 1.22 1.27 - 0.51 0.51
122 1.23 1.16 1.21 - 051 0.51
152 1.22 1.14 1.2 0.52 0.52 0.52
162 - 1.13 1.18 - 0.51 0.51
182 - 1.12 1.15 0.52 0.52 0.52

Table 7.1: Computed primary separation point S1 and rdatiant point R1 compared with
the experiments [14] at different x-sections on the flateplat

In the present case, different values of the shock-unsteasiparametef, taken in the
simulations are shown in Fig. 7.7. The shock-unsteadinesgation reduces the turbulent
eddy viscosity in the region of the separation shock as tegbi€ig. 7.8. A higher magnitude
of ¢, =-2.0 yields a larger separation, and is found to match tipexental initial pressure
rise location closely. This causes increase in the lengtth@fseparation shock and hence
brings the separation point predictions close to the erpats. The modification also predicts
lower values ofur /11 in the region of y/x~ 0.72, as compared to the standard SA model and
improves the pressure distribution in the region betweear®8R2. The pressure distribution
is well predicted in the reattachment region and corneioregf the plate-fin junction. Overall,
the modified SA model matches experimental data better tharstandard SA model at all
locations (see table 7.1).

The skin friction is underpredicted by 42% at R1 and is ovedjted between S2 and
R2 in Fig. 7.7b. A vortex region is calculated based on theadie between S1 and R1. The
standard SA model predicts vortex region of 74 mm whereasibdified SA model predicts
79 mm which is close to experimental value of 82 mm. The y/xi@alof primary separation
point S1 and primary reattachment point R1 can be obtaired dfomputed skin friction plots
similar to that listed in table 7.1. The shock-unsteadimasdgel improves the location of S1
and matches well with experiments.

Computations are performed for fin deflection angles 18°, 12° and 8° at Mach 5.
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Figure 7.9: Computed (a) surface pressure and (b) skitieiniat different x-sections for single-
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Figure 7.10: Variation of computed peak pressures at idatiant point R1 with inviscid shock
strengtty, /p; compared with experiments [14] for different fin anghes 23°, 18°, 12° andg®.

The wall pressure and skin friction variation is presenteBig 7.9 for the weakest interaction
case, where the standard SA and shock-unsteadiness maatels nihe figure shows that the
flow exhibits quasiconical nature in the interaction regibhe maximum pressure is 4.5 times
less and maximum skin friction is of 3 times less as compaoeitid 23° case. A maximum
vortex region of 41 mm is observed at x-section = 183 mm. Thpeements [14] have been
performed for these cases but the surface data of pressdrekanfriction is not accessible
due to the non-disclosure policy. The only data availablpeak pressures at reattachment
point R1 versus inviscid shock strength/p; for different angles and is shown in Fig. 7.10.

Herep, andp, are the inviscid pressure values in the freestream and poskgegions of
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single-fin configuration. The computed peak pressures at&dmthe experiments for different

deflection angles ranging frofi to 23°.

7.6 Summary

Three-dimensional shock-wave/turbulent boundary-layteraction in single-fin configurations
at Mach 5 with deflection angles @8°, 18°, 12° and8° are presented. RANS equations with
standard and modified Spalart-Allmaras model are used icamputations. The inviscid shock
generated by the fin interacts with boundary layer on thecadjaflat plate to form a conical
vortex. The inviscid shock bifurcates and forms a lambdaklstructure, one edge being the
separation shock and the other being the rear shock. Thecidwhock, separation shock and
rear shock interact to form Edney-type 1V shock-shock ext&on.

The wall pressure distribution using shock-unsteadinesgetrmatches well fo23° case.
Specifically, the primary separation point is predictedselto the experiments. The secondary
flow region also shows improvement. The skin friction plaggicted by shock-unsteadiness
model also shows agreement with experiments compared gidhdard model, except at reat-
tachment point where it is under predicted. The computatioatch the peak reattachment

pressures reported in the experiments for a range of fin angle
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Chapter 8

Shock/boundary-layer interaction on a

cone-flare geometry

8.1 Introduction

The majority of the research on shock/turbulent boundayei interaction is in the Mach 1-
5 regime. At higher Mach numbers the shock waves generatdbblwydeflection are much
stronger than those at supersonic speeds. Therefore thk/Bbondary-layer interactions ob-
served in hypersonic flows are usually stronger, resultingriger separation bubble and higher
peak pressure than the supersonic ones. Further, hypeffmms are often characterized by
multiple shock waves interacting with each other. Theselststock interactions generate
additional compression and expansion waves, and free-&hgas. Simulating all the flow
features and the underlying flow physics make it harder tdiptéypersonic shock/boundary-
layer interactions than their supersonic counterparts.

In this chapter, shock/boundary-layer interaction onyarisietric cone-flare is studied at
Mach numbers in the range of 11-13. A naturally developirmgulent boundary-layer on a
long cone with a small cone angle interacts with an obliquecklgenerated at the cone-flare
junction. Tests were conducted with different flare angteseying freestream conditions [15].
The resulting experimental data set spans a range of shmgaidary-layer interactions, from
weak ones with no flow separation at the corner to strongaontems with a large separation
bubble at the cone-flare junction.

The experimental test cases are presented in the nextrsaaiibsimulation methodology

is described subsequently. This is followed by a detailedl iggfinement study. The solutions
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computed for the experimental test cases using the stamaaanodified turbulence models
are discussed in the subsequent section. A detailed diésorigf the mean flow field and a
comparison of the computed surface data to the experimergakurements is presented for

each case.

8.2 Testcases

The configuration studied by Holden [15] is a 2.66 m long corin \& 6° half-cone angle

and a flare of length 0.23 m (see Fig. 8.1). Two flare angles wensidered and the models
were tested in the Calspan 96-inch shock tunnel. The flarke amgneasured with reference
to the cone surface, and the cone-flare junction is placad=a0. Thus, negative values of
x correspond to the cone surface and the flare has positk@ues. Flow prediction in the

shock/boundary-layer interaction region identified in.Bid., is the primary focus of this work.

oblique
shocl

turbulen
cone boundary layer

shock/boundary layer
interaction

cone
shock

flare

cone-tip 2.66

Figure 8.1: Geometric configuration with flow schematic fgpérsonic shock-wave turbulent
boundary-layer interaction test cases of Holden [15].

Models with two flare angles0° and36°, were tested at two Mach numbers, nominally
11 and 13, resulting in four test cases. The freestream amuefeic parameters for different
cases are listed in Table 8.1. Constant wall temperature4#2 K is taken along the cone-flare
surface for all the cases. The resultifig/T,.,, values for each case are also listed in the table.
Note that a recovery factor of 0.89 is used to compute thebatimwall temperature. Air is
used as test gas in these runs and perfect gas assumptigricsble owing to low stagnation
enthalpy.

A single-pass schlieren system was used for flow visuatinatBtatic pressure was mea-

sured along the model using piezoelectric pressure traessland platinum thin-film gages
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Test cases 1 2 3 4

Cone-flare angle 36° 36° 30° 30°
Freestream Mach numbeéf 13.1 10.97 12.92 10.98
Freestream temperaturg,, K 570 654 609 674
Freestream pressure,, kPa 0.51 0.62 0.5 0.63
Unit Reynolds numbeRe; o, x 10, m~! 1.385 1.145 1.219 1.113
Wall temperature/Adiabatic wall temperatute,/7,,, 0.15 0.17 0.14 0.17
Stagnation enthalpy{,, MJ/kg 2.0 1.6 2.1 1.7

Table 8.1: Freestream conditions and flare-angles for Isppér cone-flare configurations.

were used to obtain the heat transfer rate on the surfaceuridextainties associated with the
pressure and heating rate data were estimated 639 and+5% respectively. Surface pres-
sure data is a good indicator of the separation point and lbag-do0-one correspondence with
the shock structure observed in the schlieren images. Tharitgeof the comparison between
numerical simulations and experimental data is therefas8) on the pressure measurements.

A limited comparison with surface heat flux data is also ddr].

8.3 Simulation methodology

The axisymmetric form of the Reynolds-averaged Naviek&oequations, as presented by
Wilcox [76] are solved for the mean flow. The standard and Spalart-Allmaras, and shock-
unsteadiness modified turbulence models are used in théasioms. The details of the numer-
ical method are presented in Section 3.3. The computataorakin used in the simulations
is shown in Fig. 8.2a. It spans the region between the conantpthe end of flare in the
wall-paralleli-direction. In the wall-normaj-direction it extends from the cone-flare surface
to the outer boundary, which is placed in the freestream flotside the shock waves. The flow
solution is insensitive to the actual location of the outeufdary as long as the shock wave
generated by the cone-flare geometry do not intersect it.ifidi@ation of the outer boundary
is tailored such that the grid lines in the vicinity of the iglle shock generated by the cone tip
are parallel to the shock wave. This eliminates any grid+edl distortion of the oblique shock
along the length of the cone until it reaches the shock/bannthyer interaction region.

A FORTRAN code is used to generate a single-block structGeetesian grid as shown in
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Figure 8.2: (a) Computational domain and boundary conubtiesed in the simulations. (b) A
typical computational mesh showing every third point infedicection. Inset shows a magnified
view of the cone-flare junction.

Fig. 8.2b. Atypical grid has about 600 points in the streaisewdirection and 500 exponentially-
stretched points in the wall-normal direction. The gridmisiare clustered in the vicinity of the
cone-tip and at the cone-flare junction, such that therelzoatd00 x 375 points in the inter-

action region. The sensitivity of the solution to the congpiginal grid is described below.

8.3.1 Grid refinement study

Flowfield solutions are computed using computational mesvith varying number of points
in the wall-parallel and wall-normal directions. Also, tbell sizes in high-gradient regions,
like shock waves, cone-flare junction, separation pointraattachment location, are systemat-
ically varied to study their effect on the computed solutidindetailed grid convergence study
of the 36° flare at Mach 13 using the shock-unsteadiness modified $#dlararas model is
presented below. This is followed by a similar study for theck-unsteadiness modifiédw
model. The computational solution obtained using the stethtlrbulence models is found to
be less sensitive to the variation in computational grichttieose obtained using the modified
turbulence models.

For the baseline grid size 600 x 500 points, the normal spacing adjacent to the wall is

varied between x 10~%m and1 x 10~°m, and the results computed using the modified Spalart-
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Figure 8.3: Effect of variation in wall-normal spacing on all pressure and (b) skin friction,
using modified Spalart-Allmaras model fét° flare at Mach 13.1.
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Figure 8.4: Effect of varying the number of wall-normal gpidints on (a) wall pressure and (b)
skin friction, using modified Spalart-Allmaras model f&° flare at Mach 13.1.

Allmaras model are presented in Fig. 8.3. The corresponginealues range from 0.04 to 0.2
on the cone and from 1.4 to 7.6 on the flare. The surface peessuanostly insensitive to the
near-wall grid point distribution, except near the end ef¢tbmputational domain. The variation
in surface pressure in this region £ 0.17 m) is due to the impingement of the expansion fan
generated by the shock-shock interaction outside the layrdyer. Refining the near-wall
grid for a fixed number of grid-points in the wall-normal dit®n results in a coarser mesh in
the outer inviscid region. The consequent effect on thesoglishock-shock interaction and the
resulting surface pressure distribution can be seen in8=83. The skin-friction coefficient, as
expected, is more sensitive to the wall-normal spacing tharsurface pressure, especially on

the flare. There is about 2% variation between the two finesgnd 0.08 m< s < 0.18 m.
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There is somewhat larger deviation further downstreamckwvis an effect of the outer inviscid
interaction.

Next, the number of points in the wall-normal direction aegied and the results are
presented in Fig. 8.4. Three exponentially stretched guitls 400, 500 and 600 grid points,
with identical cell-size adjacent to the wall, are used.sThsults in a stretching factor of 1.023,
1.018, and 1.014, respectively for the three grids. The ritgjof the variation is in the outer
inviscid zone and the near-wall grid is affected to a smai¢ent. The surface data are almost
identical over the entire geometry, except for the latet pithe flare. This is once again caused
by variation of the grid point density in the outer inviscajion, as explained above. The two
finer grids yield overlapping results for the entire domain.

A similar procedure is followed in the wall-parallel direwt by systematically varying
the number of points along the wall. The surface propertied@nd to be less sensitive to
the changes in the wall-parallel grid than that in the waltmal direction, and 600 points are
found to be adequate to obtain an accurate solution. Basedtbove study, a computational
mesh of600 x 500 points with a wall-normal spacing @f x 10~°m at the wall is chosen for
computations using the standard and modified Spalart-A#ismmodels. The corresponding
value is about 0.08 on the cone and less than 3 on the flare.

The flowfield solution obtained using tlkev model is more sensitive to the computational
mesh than that of the Spalart-Allmaras model. Fhe solution requires substantially larger
number of wall-parallel grid points (more than 1000) to iattgrid independence. Even with
finer grids, the changes in surface properties with sucoessfinement (presented in Figs. 8.5-
8.7) are found to be appreciably higher than the correspgr8palart-Allmaras model results.
Further, thet-w computations are found to be prone to numerical instabylitych restricts the
time steps used in the simulation. The highest Courantifides-Lewy (CFL) achievable for
the k-w model calculations (see Sec. 8.4) is significantly lowenttimse used for the Spalart-
Allmaras computations.

The results obtained by varying the cell size adjacent tomeiléand the number of grid
points in the wall-normal and wall-parallel directions iegented next. Note that the pressure
data computed using the modifiédo model appears similar to that of the modified Spalart-
Allmaras model, but the skin-friction coefficient has a loceximum near the reattachment
point (s ~ 0.07m) that is not present in the modified Spalart-Allmaras maoeltions.

The variation of skin-friction coefficient (Fig. 8.5b), winéhe wall-normal spacing at the
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Figure 8.5: Effect of varying wall-normal spacing on congali{a) wall pressure and (b) skin-
friction coefficient, using modified-w model for36° flare at Mach 13.1.
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Figure 8.6: Effect of varying number of wall-normal grid pts8 on computed (a) wall pressure
and (b) skin-friction coefficient, using modifiddw model for36° flare at Mach 13.1.

wall is decreased from x 10-°m to 0.5 x 10~°m shows a converging trend. The maximum
deviation between the two finer grid predictions is 3%. Theasation point located at =
-0.085 m changes by a small amount (0.005 m) for the thres.gFide pressure data (Fig. 8.5a)
shows a similar trend, with the location of the reattachnpeessure peak at= 0.07 m shifted
by 0.003 m between the two finer grids. The value of the peadspre remains almost identical
for all the three grids.

Figure 8.6 shows the data obtained using grids with varyingler of points in the wall-
normal direction and identical normal spacing at the walhe Tocation of the peak pressure
andC'; on the flare shifts downstream by 0.005 m, when the number ibinwamal grid points

is increased from 400 to 500. Their locations do not changeeaably when the grid size
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Figure 8.7: Effect of varying wall-parallel grid points ooraputed (a) wall pressure and (b)
skin-friction coefficient, using modifieb-w model for36° flare at Mach 13.1.

is increased further to 600 points. The peak values of pressudC/ vary less than 2% for
the two finer grids. The flow solutions upstream of the cormmiuding the separation point
location, are almost identical for ti®00 x 500 and1000 x 600 cases.

The data computed using successively higher number of peadiflel grid points is pre-
sented in Fig. 8.7. The location of peak pressure @pahifts slightly downstream with the
first refinement from 1000 to 1500 points, but there are almostisible difference when the
grid is further refined to 1900 points. Thus, 1500 points mwall-parallel direction and 500
points in the wall-normal direction are adequate for corapans using the standard and mod-
ified k-w turbulence models. However, it is found thato simulations using fine grids like
1500 x 500 require very small time steps for integration, such thaeady state solution cannot
be obtained in a reasonable computational time. By compar@mulations on th&500 x 400
grid are more robust and therefore selected for alktheresults presented below. Based on the
data presented in Fig. 8.6, using 400 points in the wall-mbirection will result in a slightly
higher uncertainty, around 0.006 m in the location of thetaeAment peak pressure and 7%
in the peak skin-friction coefficient level, in thew solutions. The wall-normal spacing at the
wall is set atl x 10~°m, which is equivalent to g, value of 0.03 on the cone and less than 1.2

on the flare.
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8.4 Simulation results

In this section, numerical solutions for the four test camespresented in the decreasing order
of the strength of the shock/boundary-layer interactiae ($able 8.2). Initially, the standard
Spalart-Allmaras ané-w models are used in the computation. The shock-unsteadiness-
tion is then applied to show improvement in results over taadard models. The flow physics
details are emphasized and the computed wall pressure intdraction region is compared
with the experimental measurements.

The results presented below are computed 6@0ax 500 grid for the standard and mod-
ified Spalart-Allmaras models, and onl&00 x 400 grid for the standard and modifigdw
models. These grids are chosen (Sec. 8.3.1) based on a&dagdi refinement study for the
36° flare at Mach 13. The other three test cases are either at alMaeh number, a lower flare
angle, or both. The shock/boundary-layer interaction &dfore strongest for the first case,
and the grid refinement study for this flow is expected to bécent for the other three flows.

The flowfield variables are initialized to freestream valaesr the entire domain and the
solution is advanced in time to reach a steady state. In thgatations using the standard and
modified Spalart-Allmaras models, a CFL of 0.05 is used ab#wnning of iterations and it is
increased to 10 in the first 2500 iterations. Next, it is iasex to 500 at 8000 iterations and a
maximum CFL of 1500 is used after 125000 iterations. The step is3 x 10~!! sec at the
beginning of iterations and reachesita 10~ sec at steady state solution. In the computations
using the standard and modifiedv models, a CFL of 0.05 is used at the beginning of iteration,
later it is increased to 10 at 500 iterations. Further it iy@ased to a value of 30 at 15000
iterations and a maximum CFL of 50 is used at 35000 iteratidfighe simulations are run in
parallel using 16 cpu-cores of a 2.66 GHz Intel processadaschine. It takes approximately
92 cpu-hours (80,000 iterations) to reach steady statéi@olusing the Spalart-Allmaras model

and about 625 cpu-hours (1,80,000 iterations) forkthemodel.

8.4.1 36° flare at Mach 13.1

The experimental schlieren image corresponding to3tsieflare at Mach 13.1 is shown in
Fig. 8.8a. The boundary layer on the cone is marked by milditewariation and is identified
in the figure. The boundary layer separates at the cone-flactipn and a separation shock

is located upstream of the corner. The separation shocktislearly visible inside the cone
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36° flare 30° flare
Mach 13 Mach 11 Mach 13 Mach 11

Mach number at incoming boundary-layer edge  10.37 9.1 10.27 9.1
Mach number normal to oblique shock;,, 6.75 5.94 5.72 5.08
Inviscid pressure rise at cornes,/p; 56.0 43.4 40.0 31.7

Table 8.2: Shock/boundary-layer characteristics for tiveeeflare configuration. The subscripts
1 and 2 correspond to inviscid conditions upstream and downstreban assumed oblique
shock at the cone-flare junction.

boundary layer, but a distinct separation shock is obsesuggide the boundary layer. It is fol-
lowed by a steeper shock on the flare downstream of reattaxthiee clarity of the schlieren
image is limited in the reattachment region, but distodiam the flare shock can be clearly
seen. The flowfield exhibits some degree of unsteadinesshargthlieren image corresponds
to a single time realization of the unsteady flow field. Theigqp# shock generated at the tip
of the cone intersects the flare shock at the top right corhtreovisualization window. The
details of this shock-shock interaction is described below

The numerical solution obtained using the standard SpAlartaras turbulence model
is presented in Fig. 8.8b. The normalized density contolotga in the figure shows the
interaction of the cone shock and the flare shock clearly.r&belting shock-shock interaction
generates a third shock and a free shear layer. Also, an sixyoefian emanates from the triple
point, and reflects off the flare surface. The flow featuresegrd by the intersection of
the cone and flare shocks are reproduced well by the numesimcallation and they match
the experimental schlieren image qualitatively. On theeptrand, the computational solution
differs markedly from the schlieren image at the cone-flanejion. The shock/boundary-layer
interaction in this region and the underlying flow physic¢his main focus of this work. The
numerical solution predicts an oblique shock at the corsep@posed to a separation shock
observed in the experiment. This is because the incomingdany-layer in the simulation
does not separate upstream of the corner.

The difference in the flow topology between the experimemtalge and the computed
solution results in a large mismatch between the correspgrslirface pressure distributions
plotted in Fig. 8.9. The numerical solution with a singleatted shock results in a distinct jump
in pressure at the cornes ¢ 0). On the other hand the experimental data shows a pressure

rise upstream of the corner (at~ —0.08 m). This pressure rise corresponds to the separa-
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Figure 8.8: Shock-wave/boundary-layer interaction @6aflare at Mach 13.1: (a) experimen-
tal schlieren image [15] and (b) computed density contogisgustandard Spalart-Allmaras
model.

tion shock and is followed by a pressure plateau in the séparaubble. A further rise in the
surface pressure downstream of the corner is due to flonacattent on to the flare surface.
Both the experimental data and the computed pressure omtigeace found to match the the-
oretical estimate of Taylor and Maccoll [108] upstream & ihteraction region. Downstream
of reattachment, the simulation results compare well widasurements on the flare wall, but
over-predict the theoretical pressure rise obtained usiligue shock relations. The simula-
tions predict a drop in surface pressure at the locatian 0.16 m, where the expansion fan
from the shock-shock interaction reflects from the flare wall

Note that the wall pressure is plotted on a log-scale in F@t& emphasize its variation
in the vicinity of the separation point. In the absence oédimeasurement of the separation
location, it is estimated from an extrapolation of the adipressure rise on the cone. As pointed
earlier, predicting the location of flow separation accelsais crucial to obtain the correct shock
structure and flow topology in the interaction region.

The pressure data computed using the stanélavxdnodel is also presented in Fig. 8.9
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Figure 8.9: Comparison of computed wall pressure with expants [15] for36° flare at Mach
13.1. The standard Spalart-Allmaras and standardnodels are used in the simulations.

and it matches the results obtained using the Spalart-Aflsyaurbulence model closely. The
flowfield structure obtained using ttheo model is also similar to the one presented in Fig. 8.8b.
Both models fail to predict flow separation at the cone-flarefion, and therefore result in a
significant disparity with the experimental shock struetand pressure data in this region. We

attempt to improve the model predictions using the shodtaadiness correction proposed by

Sinhaet al.[10].

Application of the shock-unsteadiness modification

The detail formulation of shock-unsteadiness correctid] fo k-w and Spalart-Allmaras tur-

bulence models are presented in Sections 4.5.1 and 4.5e2mftlementation of the model is

given below.
The shock-unsteadiness correction is a function of thekshoemal Mach number up-

stream of the shock wave. This is calculated by,

u; - Vp
M, = 8.1
"= (8.1)

Hereu; anda, are the velocity vector and the speed of sound upstream shibek wave, and

Vp is the pressure gradient at the shock.
The velocity and temperature values in the incoming bounidger are plotted as a func-
tion of the wall-normal distance in Fig. 8.10a. The resgjtifistribution of the upstream Mach

number is also shown in the figure. The shock wave generatttk atone-flare junction is
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Figure 8.10: (a) Distribution of upstream Mach numbéf,;, normalized velocity,U/U.,,
and normalized temperaturé/T,, in the undisturbed boundary-layer upstream of the
shock/boundary-layer interaction region. (b) Variatiéslvock-normal upstream Mach number
M,,, and shock-unsteadiness model paramigter the boundary layer.
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Figure 8.11: Normalized pressure contours showing theksivage in the interaction region of
the36° flare geometry. A set of points are identified along the shaamkenand\/;,, is calculated
using the upstream values along the respective streamlines

plotted in terms of the normalized pressure contours in &ifyl. The scale of the figure is
magnified to highlight the incoming boundary-layer on theeoThe value of\/;,, along the
shock is thus calculated using the upstream values alonipt¢héstreamlines. The upstream
Mach number varies between subsonic values near the wabiaat 40 at the boundary-layer
edge. The component of the upstream Mach number normal tshibek varies between 1.0
to 6.67 (see Fig. 8.10b). The shock-unsteadiness paratjetemputed using these values of
M, is also plotted in the figure. It approaches zero in the nediregion and attains a limiting
value of 0.4 atthe boundary-layer edge. For the Spalari&ds model, the shock-unsteadiness

parameter; is evaluated using Eq. 4.51 (see Section 4.5.2). It variesdsn 0.42 near the
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Figure 8.12: Variation of (a) normalized mean dilatatiSp.and (b) shock-identifying function,
fs showing different shocks and compression waves in the $hoakdary-layer interaction
region.

wall to -0.79 at the boundary-layer edge. In the followirgg shock-unsteadiness correction is
applied by using an average valuechf=-0.32 and); = 0.32 for the Spalart-Allmaras argw
models respectively. The average is calculated over a gmiiofs distributed uniformly along
the shock wave in the region where it overlaps with the incaboundary layer. Solution
obtained by implementing a detailed variation of the shookteadiness parameter is discussed
subsequently.

In shock-unsteadiness modified Spalart-Allmaras modelpttrameter; can take either
positive or negative values depending on the upstream Maatbar. As per Eq. 4.50 (see
Section 4.5.2), the amplification of the eddy viscosiyacross a shock is given by the ratio
of k2-amplification toe-amplification. At supersonic Mach numbers the amplifiaatih 42 is
larger than that ot, and therefore results in an increasevinacross the shock wave. This
corresponds to a positive value @f and a positive source termc, pvS;; in the model equa-
tion. A higher turbulence eddy viscosity results in redoictof the separation bubble size in
supersonic shock/boundary-layer interactions [12] . Atdrgonic Mach numbers, the amplifi-
cation ofe increases monotonically with/;,,, where as:?-amplification saturates fa¥/,,, >
1.8. This results in decreaseaf across a shock wave at hypersonic conditions. A lower value
of v increases the separation bubble size in hypersonic shmakdary-layer interaction and

is opposite to that observed at supersonic Mach numbers.
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In shock-unsteadiness modifiédv model, f, is the empirical function that locates the
region of shock wave in terms of the mean dilatatin The functional form off, is identical

to that used in Ref. [12], except for the fact ti$atis normalized by, /é, instead of the local

The quantityl/,,, /&y is found to be more robust thahin Ref. [90]. The characteristic length

value of S.

and freestream velocity/,, are knowna priori for a given simulation and can be specified as
user input. The functiorf, takes a value of one in shock and high compression regiorgeof t
flow field and in other regions it becomes zero and the starfderdof £-w model is recovered.
The functionf, identifies the shock waves and high compression regionseirildv in
terms of the mean dilatatiosi;. These regions are highlighted in the modified solution in
Fig. 8.12a. The near-wall region of the turbulent boundayet also has non-zer);, but care
is taken to makef, negligible in boundary-layer flows, where the standard rhpdedictions
are well validated. Figure 8.12b shows the distributionfofn the interaction region and it
captures the shock waves correctly. Depending on the |éwampression, it smoothly varies

between 0 and 1, whergé = 0 corresponds to the standard model.

Modified turbulence model predictions

The shock-unsteadiness corrected Spalart-Allmaras nvaitiela negativer;, results in a de-
crease of the turbulent kinematic eddy viscosity at the kho/e. Lower levels of turbulence
leads to an earlier separation of the boundary layer on the.cdhe separation bubble in the
numerical solution is identified in terms of a few charastgcistreamlines in Fig. 8.13a and the
separation and reattachment points are marked by S and Ectegly. A separation shock is
formed as the incoming boundary layer is deflected over tharation bubble. As the flow over
the bubble reattaches the flare surface, a series of congregsves are generated. The result-
ing reattachment shock intersects the separation shosk tbathe flare surface (see magnified
view in Fig. 8.13b) and forms a Edney type-VI shock-shockriattion [40]. The flow pattern
in the interaction region is shown schematically in Fig.48.1An oblique shock is generated
at the triple point and an expansion fan propagates towaelfidre wall. The flow pattern is
similar to that obtained in the shock-shock interactionifer downstream on the flare, but the
scale is smaller due to its proximity to the solid boundatye Ehear layer generated at the triple

point travels parallel to the flare surface and is marked mgitie contours in Fig. 8.13c. Also,

119



@ p/p

400
300
200 cCone shock

100

shock-shock expansio
interaction fan
. flare
separation shock
reattachment
= . compression waves
S separation bubblé "
() flare

shock-shock
interaction

expansion

separation
fan

shock

peak pressure

reattachment
shock

© plp,
@ 62
40
cone shock

shock-shock
interaction

separation \ 4

reattachment
shock

shear
layer

S R2

Figure 8.13: Computed flow pattern using shock-unsteadimesdified Spalart-Allmaras
model [12] for36° flare at Mach 13.1: (a) normalized pressure contours, andhégnified
view of the reattachment region and (c) normalized densityaurs.

a small secondary separation bubble formed at the cornbovsgrsin the inset.

The density contours in Fig. 8.13c has strong resemblariteting experimental schlieren
image in Fig. 8.8a. The density gradient in the upstream tagnlayer is marked by contour
lines of the time-averaged density parallel to the coneasetf In the vicinity of the separa-
tion point (S), the boundary layer density variation oveslavith the separation shock contour

lines. A similar effect is seen in the experimental schheirmage, and the separation shock
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Figure 8.14: Schematic sketch of Edney type-VI shock-shatekaction [40].

is not distinctly visible inside the cone boundary layereTensity contours clearly mark the
separation shock outside the boundary layer, and a smé#ihcbanent shock is visible on the
flare. The reattachment shock cannot be discerned in thesatimage, but the overall shock
structure near the reattachment location matches the deshghock-shock interaction pattern
closely. The flare shock generated at the triple point gods artersect the cone shock further
downstream. The dark band in Fig. 8.8a along the flare wallngtngam of reattachment is
probably the free shear layer marked in the numerical swiutAs expected, the flare shock
in the RANS solution is steady, whereas distortions of the fidnock are visible in the exper-
iment. These shock distortions appear to reduce significhetore the flare shock intersects
the oblique shock from the cone tip.

The pressure data obtained using shock-unsteadinesstear@palart-Allmaras model is
shown in Fig. 8.15a. Comparison with the standard Spallimtakas model results show two
marked differences. First, the single pressure rise atdireec is replaced by a pressure rise due
to the separation shock at= —0.08 m, followed by a pressure plateau and another pressure
rise at the reattachment point on the flare. A sharp peak=at) is due to a small secondary
separation bubble formed at the corner (see Fig. 8.13c)orfsy¢ there is a local pressure
peak immediately downstream of the reattachment points Ehcaused by the shock-shock
interaction in this region. The flow over the separation belgiets over-compressed on passing
through the separation and reattachment shock/compresaies. The pressure reaches alocal
maximum and then reduces when the expansion fan from tHe pgnt reflects off the flare

surface. There is indication of a local pressure peak inxpermental data, but the location of
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Figure 8.15: Computed wall pressure is compared with erparts [15] for36° flare at Mach
13.1. Shock-unsteadiness correction [12] applied to (@&pAllmaras model and ()-w
model.

the peak and the reattachment pressure rise is somewhegampstf the numerical prediction.
The simulation also yields a slightly earlier separatiamtthe experimental measurement. The
locations of initial pressure rise on the cone, as obtainad £xperiment and computation, are
listed in Table 8.3. The separation bubble size, as estiviatehe separation shock pressure
rise and the reattachment pressure peak, is over-predigtéde modified Spalart-Allmaras
model.

The modifiedk-w model shows similar improvement over the standatd model (see
Fig. 8.15b). The shock-unsteadiness correction dampsithelent kinetic energy at the shock,
and therefore results in a sizable recirculation bubblé@atbne-flare junction. The separation
shock pressure rise is located somewhat upstream of theimgme. Also, the reattachment
pressure rise and the local pressure peak on the flare arestteanm of the experimental data.
The flowfield in the interaction region, including the sepiara bubble and the shock-shock
interaction past reattachment, are very similar to thatiokd using the modified Spalart-
Allmaras model (Fig. 8.13). On the whole, the shock-unstesss$ correction, irrespective of
the base turbulence model, reproduces the separationebabthie cone-flare junction and the
shock/expansion wave topology in the interaction regiamemly. In spite of differences with
the experimental data, the shock-unsteadiness correatddlsyield significant improvement
(see Table 8.3) in the surface pressure prediction overtdmelard Spalart-Allmaras andw

turbulence models.
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36° flare 30° flare
Mach 13 Mach 11 Mach 13 Mach 11

Experiment, mm -80.1 -71.3 -37.8 -
Standard:-w model, mm -6.2 -7.5 -3.7 -3.7
Standard Spalart-Allmaras model, mm -5.2 -6.5 -3.6 -3.6
Modified k£-w model, mm -86.3 -86.1 -15.3 -15.0
Modified Spalart-Allmaras model, mm -84.1 -83.9 -4.1 -4.0

Table 8.3: Experimental and computed separation shockidmsa

Wilcox presents &-w stress-limiter model [8] that limits turbulent kinetic egg produc-
tion in a shock wave. The value of the limiter is set‘as, = 7/8 for the newk-w model. In a

normal shock, the stress limiter model yields TKE produttéthe form
Py = cpk| Sy (8.3)

with ¢=1.15. A value of’};,,, = 1 corresponds to the SST model [77] with 1.09. By compar-
ison, the shock-unsteadiness correction yields a praglutgrm of the form given by Eq. (4.36)
(see Section 4.4), with=2/3 (1 — t}). A lower (higher) value ot results in a higher (lower)
value ofe, which in turn increases (decreases) TKE production angrespes (enhances) flow
separation. In the simulations presented below, the shoskeadiness parametgris around
0.3, which corresponds to~ 0.46. A relatively higher value afused in the nevk-w and SST
models may, therefore, result in a smaller separation leutdsnpared to that obtained using

the shock-unsteadiness correction.

8.4.2 36° flare at Mach 10.97

Next, we consider the shock/boundary-layer interactioa 86 flare at Mach 10.97. A lower
freestream Mach number compared to the first test case leadtver boundary-layer edge
Mach number on the cone, upstream of the interaction. Thediavpressure rise assuming a
single oblique shock at the corner and the correspondinghaember normal to the shock-
wave are appreciably lower than the earlier case (see Tab)e &his is expected to result
in a weaker shock/boundary-layer interaction at the caare-flunction. The strength of the
interaction directly influences the extent of flow separatbthe corner. The separation point

in the experiment, as indicated by the location of initiagsure rise on the cone (see Table 8.3),
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is downstream in the Mach 11 flow than the higher Mach numbsge.c®n the other hand,
the Mach 13 flow is found to have a relatively colder wél, (7., = 0.15) than the current
test case®,/7,., = 0.17). A colder wall with smaller values @f,/T,,, increases the local
Reynolds number and hence reduces the separation bubble/Adsn, a lower unit Reynolds
number in this flow (Table 8.1) compared to the earlier tesé ¢ands to increase the size of the
separation bubble. The Reynolds number and cold wall sffemtinteract the trend observed
due to the variation in Mach number in the later case, but awad to have a minor effect
on the shock/boundary-layer interaction. Overall, thesdaonfiguration results in a weaker
interaction, in terms of a smaller separation bubble at traer and a lower peak pressure at
reattachment, than the first case.

The computed solution, in terms of the normalized pressomé&oairs, is compared with the
experimental schlierenimage in Fig. 8.16. The simulatésults correspond to the standard and
modified k-w turbulence models. The results obtained using the Spalbntaras turbulence
model are almost identical, and therefore not presenteé. tfEmds observed in this flow are
very similar to those in the higher Mach number case predezadier. The standardw model
suppresses flow separation, leading to a single obliqueksdiothe cone-flare junction. The
solution does not match the experimental flow topology is tbgion. The shock-unsteadiness
correction, by comparison, predicts a recirculation baldilthe corner. The flow topology is
identical to that in Fig. 8.13, and it matches the shock stinecobserved in the schlieren image
(Fig. 8.16a). Note that the corrugations in the flare shoekalatively weaker in this flow than
the previous case (Fig. 8.8a), possibly due to the reducedgth of the shock/boundary-layer
interaction.

The surface pressure computed using the stanklardand Spalart-Allmaras turbulence
models match the experimental and theoretical values otoihe (see Fig. 8.17a). The attached
shock at the corner results in a single pressure jump=ad to reach a uniform pressure on the
flare. The computed pressure on the flare is comparable toxgerimental measurements.
There is a small dip in surface pressure towards the end dfatee where the expansion fan
from the second shock-shock interaction hits the wall.

The shock-unsteadiness correction (see Fig. 8.17b) yaidacrease in the pressure at
the separation point upstream of the corner. The separktiations for the two turbulence
models are almost identical. The separation bubble is mdrkea pressure plateau, followed

by a further rise in pressure at reattachment. Similar tetrker case, a local pressure peak is
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Figure 8.16: Shock-wave/boundary-layer interaction @taflare at Mach 10.97: (a) exper-
imental schlieren image [15], and computed normalizedsunescontours using (b) standard
k-w model and (c) shock-unsteadiness modified model.

observed in the reattachment region due to the interacBbmden the separation and reattach-
ment shock waves. The separation point identified in ternthefocation of initial pressure
rise on the cone is listed in Table 8.3. The shock-unsteadinerrected turbulence models
predict a separation point that is upstream of the expetiahécation. The experimental data
also appears to indicate a steeper pressure rise at reattathAn earlier separation and a later

reattachment in the computation yields a larger separdtidoble than the experiment. The
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Figure 8.17: Comparison of computed wall pressure usingstahdard and (b) shock-
unsteadiness modified turbulence models with experimenéalsurements [15] fat6° flare
at Mach 10.97.

simulations, however, reproduce the pressure plateatitetiege recirculation region. This in-
dicates that the inclination of the free shear layer enobp#ie recirculation bubble is predicted
correctly.

The implementation of the shock-unsteadiness correctiahis flow follows the same
procedure as outlined in the earlier case (Section 8.4.t¢ upstream Mach number normal
to the shock varies from sonic value near the wall to abouttBeaedge of the boundary layer.
The corresponding variation ij is in the range 0 to 0.4. An average valuebbf= 0.31 is
used for this case. This results in the damping of the turthilkanetic energy at the shock,
which promotes flow separation at the cone-flare junctiore parameter; varies between
0.4 near the wall to -0.79 at the boundary-layer edge. Resitalues ofc, in the near wall
region promotes turbulent eddy viscosity amplification ewghas negative values in the outer
part of the boundary-layer tends to suppress the turbulefice overall effect due to average
¢, = -0.3 is to reduce the turbulence level compared to the atan8palart-Allmaras model
and thus increase the size of the recirculation bubble atahe-flare junction.

A comparison of the schlieren images in Figs. 8.8a and 8.h6éasthat the cone shock
is shifted outward at the lower Mach number. A lower posteghidach number on the cone
in the second case (Table 8.2) also results in a steeper flack for the same deflection at the
corner. The shock-shock interaction point is thereforéesthioutward in the Mach 11 flow than

the higher Mach number case. The triple point is placed dets$ie visualization window at the
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lower Mach number (Fig. 8.16a), whereas it is located atdpeight corner of the visualization
window for the Mach 13 case. The numerical solutions shovws#me effect. The cone shock
and the flare shock intersectaat 0.09 m in the Mach 13 flow (Fig. 8.13c), and the interaction
point is shifted downstream to= 0.11 m for the Mach 11 flow (Fig. 8.16c). Note that there is
a negligible effect of flow separation at the cone-flare jiomcon the location of the flare shock
and its interaction with the cone shock. The triple pointkians obtained using the standard
and modified turbulence models are, therefore, identickigs. 8.16b and 8.16c.

It is difficult to make a quantitative comparison of the tegloint location between the
numerical solutions and the experimental results, duedadabtk of scale information for the
schlieren images. A qualitative comparison, however, @mhbde by matching the size with
the interaction region in the pressure data and approxitoesion of the separation shock in
the schlieren image. It appears that the cone shock is plageer in the experiment than the
numerical solution. This could be because of the nose bagstaffects. Thé® half-angle cone
used in the experiments has a nose radius of 3.8 cm, whicloig 4183% of the model length.
The computations neglect this small nose radius and assuwharp nose for the cone-flare
geometry. A rounded nose of the experimental model resulésdetached shock at the cone
tip, which may be shifted outward compared to the attachedlspredicted by computation.
The location of the shock-shock interaction will also be eubaccordingly, and can explain the
discrepancy between the numerical solution and the expetahimage. A difference in the
location of the cone shock is not expected to alter the pguostisconditions on the cone and
the shock/boundary-layer interaction at the cone-flaretjan, which is the main focus of the

current study.

8.4.3 30° flare at Mach 12.92

The next test case corresponds todbeflare at Mach 12.92. The inviscid pressure rise through
a single oblique shock at the corner and the correspondisgragm normal Mach number
(listed in Table 8.2) are slightly lower than those for @& flare at Mach 11. A higher flare
angle, but a lower Mach number, in the previous case resulgniinviscid shock strength
slightly higher than the current flow. The shock/boundayek interaction in the current case
is, therefore, expected to be slightly weaker than, but @aige to, the interaction on the
36° flare at Mach 10.97. The values of the unit Reynolds numbergnd,,, for this case

(Table 8.1) are in the same range as the earlier test cagseminar differences in their values
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Figure 8.18: Shock-wave/boundary-layer interaction Goaflare at Mach 12.92: (a) exper-
imental schlieren image [15], and computed normalizedsanescontours using (b) standard
k-w model and (c) modified-w model.

may not alter the strength of the shock/boundary-layeracteon dramatically.

The experimental data for this flow shows an interestingepatt The schlieren image
in Fig. 8.18a is similar to that in the earlier cases in terrhghe separation shock and the
triple point observed at reattachment. However, the presdata shows no distinct jump at
the separation shock location (see Fig. 8.19). There is@ugtabut low, rise in surface pres-

sure closer to the corner. This may be because of large-snateadiness of the corner flow.
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Figure 8.19: Comparison of computed wall pressure usingstahdard and (b) shock-
unsteadiness modified Spalart-Allmaras d@nd turbulence models with experimental mea-
surements [15] foB0° flare at Mach 12.92.

The shock/boundary-layer interaction may oscillate betwa separated flow similar to that
observed in the schlieren image and an attached flow withcetieculation bubble at the cor-
ner. The schlieren image is a single time realization of toe-field, whereas the pressure
data is representative of the mean flow and captures theauwmeged effect of any possible
separation-bubble unsteadiness.

The RANS simulation yields a time-averaged flowfield solutia’he standard Spalart-
Allmaras andk-w turbulence models predict an attached flow up to the corngr @18b),
like the earlier cases. The surface pressure, presentem).ir8E9a, shows a similar trend.
The shock-unsteadiness corrected Spalart-Allmaras nadstepredicts an attached flow at the
junction and a single oblique shock on the flare. The soluigotherefore identical to the
standard Spalart-Allmaras model. The initial pressuredated slightly upstream of the corner
(s ~ —0.004 m) for both the models (see Table 8.3).

The shock-unsteadiness correction in tae model, on the other hand, results in a small
region of separated flow (see Fig. 8.18c). A separation shasle can be seen in the figure,
but the reattachment compression waves and their interewith the separation shock are not
clearly discernable because of the small scale of the ictieraregion. The pressure data ob-
tained using the modified-w model (Fig. 8.19b) shows a pressure rise upstream of therorn
(ats =-0.015m). A small pressure plateau and a slight oversindbei surface pressure at reat-

tachment can also be observed. The pressure variation intdraction region is similar to that
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obtained in earlier cases, but is smaller in scale. It doésnadch the pressure measurements
in the separation bubble (-0.04 mns < 0). The non-uniform variations in the experimental
data in this region is probably due to the intermittent natoir the separation bubble. RANS

methods, even with shock-unsteadiness correction, depadduce such intermittency effects.

8.4.4 30° flare at Mach 10.98

The last test case corresponds td0a flare at Mach 10.98. Based on the pressure ratio and
M, values presented in Table 8.2, it is the weakest of all theraations considered in this
work. The experimental schlieren image for this flow (FigG) shows a single oblique
shock on the flare, with no indication of the flow separatiothatcorner. The pressure data
on the cone (Fig. 8.21a) is uniform up to the cone-flare jumcand is followed by a sin-
gle pressure jump corresponding to the corner shock. Thieloorates the fact that there is
no boundary-layer separation in this case. This is reprediweell by both the standard and
modified Spalart-Allmaras model computations. The conmgbutensity contours (Fig. 8.20b)
matches the schlieren image closely. The computed surfassyre also compares very well
with the experimental measurements (Fig. 8.21a).

A magnified view of the pressure contours in the corner rejimset in Fig. 8.20b) shows
the corner shock more clearly. The oblique shock is sligttigved in the region where there
is a gradient in the upstream Mach number due to the inconongdary layer on the cone. A
turning of the low Mach number flow in the near-wall region ortlie flare is achieved by a
steeper shock compared to the outer part of the boundary; \alere a higher Mach number
flow is deflected by the same angle through a more inclinedsivage. There is also a smaller
pressure rise in the lower Mach number near-wall region ahigjlaer post-shock pressure as
the high Mach number flow is deflected in the outer part of thendary layer. This variation
in the surface pressure can be seen both in the experimegbamgutation (Fig. 8.21a). There
is a sharp increase in pressure at the corner (from 2 to 13fePaved by a gradual build
up on the flare up te = 0.05 m. Beyond this point, the uniform inviscid flow outsiofethe
boundary layer (Mach number = 9.03) is deflected3byand the flare pressure is close to the
corresponding oblique shock value.

The standardi-w model solution is identical to the Spalart-Allmaras modsdult pre-
sented in Fig. 8.20b. The shock-unsteadiness corréetednodel yields a small separation

bubble at the corner. The pressure rise at the separatiom l[pocated ats = -0.015 m, pres-
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Figure 8.21: Shock-unsteadiness correction [12] applbe} Spalart-Allmaras and (&w
turbulence models. Computed wall pressure is comparedexghrimental measurements [15]
for 30° flare at Mach 10.98.

sure plateau in the recirculation zone and a small oversihoptessure at reattachment (see

Fig. 8.21b) are similar to the previous case30f flare at Mach 12.92 (Fig. 8.19b). The shock-
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structure in the interaction region is also similar to thiaserved at the higher Mach number
(Fig. 8.18c), and is not repeated here. The shock-unstesslgorrection in this flow is applied
with an average value df, = 0.29. The corresponding value df in the modified Spalart-

Allmaras simulation is -0.26.

8.4.5 Heat flux predictions
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Figure 8.22: Comparison of computed heat flux using stangladdshock-unsteadiness modi-
fied k-w turbulence models with experimental measurements [15]doflare at Mach 13.1.

Figure 8.22 presents the surface heat flux computed usingtdheard and modifietd-w
turbulence models for the strongest interaction case. Ha fiux variation follows a trend
similar to that of the corresponding surface pressure da Fig. 8.15b). The standard model
predicts a sharp rise in heat flux at the corner, whereas thekaimsteadiness modification
results in an elevated heating rate due to flow separatioh@odne and a local peak at reat-
tachment. Heat flux prediction is thus closely related toftv topology, and obtaining the
separation bubble at the corner and the shock-shock iti@magear reattachment results in
significant improvement in heat flux prediction. Nevertlsslghere are noticeable differences
between the computed and experimental data, and they aresdesd below.

The shock-unsteadiness modification applied to the Spalbmaras turbulence model
leads to similar trends in heat flux prediction, as in Fig28.PHowever, the enhancement in
heating rate due to flow separation and the peak heating tihcbment are lower than the
modified k-w predictions. Overall, the discrepancies with the expenitaleneasurements are

significantly larger than the-w model. The heat transfer results for 86 flare at Mach 10.97
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are qualitatively similar to that described above. For #m@aining two cases witB0° flare,
there are no major differences between the flow topologiespeted using the standard and
modified turbulence models (see Sections. 8.4.3 and 8 A)effect of the shock-unsteadiness
modification on the surface heat flux is also quite small.

Note that all the computations show a dip in surface heat ftuseparation point (for
example, ats = -0.086 m in Fig. 8.22) that is not observed in the experimledata. There
are additional discrepancies between the measured andutednpeating rates on the flare.
Standard turbulence models likes andk-w show large error in heat flux predictions in shock-
dominated hypersonic flows [6]. The recédntv model with stress limiter [8] also exhibits
similar trends. As pointed out by Wilcox [8], this limitatias typical of all turbulence models
that use Reynolds analogy and model the turbulent heat-#axov in terms of a turbulent
Prandtl number. This is true for the standard and modifidalience models considered in this
paper, and the error margin may be reduced by improving up@rcdnstant turbulent Prandtl

number assumption.

8.5 Summary

In this work, the hypersonic shock/turbulent boundaryetanteractions on cone-flare geome-
tries are studied numerically. Four configurations withyuag flare angles and freestream Mach
numbers are simulated using the Reynolds-averaged N&taées methodology. The test cases
range from strong interactions with large flow separaticth@tcone-flare junction to weak one
with attached flow at the corner.

The standard Spalart-Allmaras akd turbulence models suppress flow separation at the
corner, and therefore do not reproduce the correct shaattste in the interaction region. This
is probably due to a high level of turbulence predicted atsheck wave. By comparison,
the shock-unsteadiness correction damps turbulence fazaptin at the shock. It reproduces
the separation bubble observed experimentally, and matblkesurface pressure measurements
well. The shock-unsteadiness corrected turbulence madstspredict the flow topology in
the interaction region, including the Edney Type VI shobkak interaction at reattachment,
correctly. The magnitude of correction decreases with tiremgth of the shock/boundary-layer
interaction, such that it has a negligible effect for wedkiactions, where the standard models

perform reasonably well.
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Chapter 9

Conclusions

Reynolds-averaged Navier-Stokes simulations are useddy shock/turbulent boundary-layer
interactions at high Mach number. Standard turbulence mdde k-¢, k-w and Spalart-
Allmaras often predict incorrect separation bubble foosty shock interaction cases. The
shock-unsteadiness correction has been found to show veprent in the separation bubble
size and the wall pressure. Earlier, the correction has testncted to compression corner con-
figurations at supersonic Mach number. In the current rekeaork, the shock-unsteadiness
correction is applied to other, more complex configuratiansignificantly higher Mach num-
bers. The focus is to predict the separation bubble sizerataty Simulations are performed
for a range of Mach numbers and deflection angles for fourlsh@ve/boundary-layer inter-
action configurations: (i) two-dimensional oblique shockibdary-layer interaction; (ii) two-
dimensional scramjet inlet; (iii) three-dimensional $&fn configuration; and (iv) axisymmet-
ric cone-flare configuration. The flow physics is studied itadén each case and the computed
wall data in the interaction region is compared with the expental measurements.

In the first case, the impingement and reflection of obliqueckhwave on a turbulent
boundary layer developed on the flat plate is studied. Thoa@gurations with shock generator
angles of 14, 10 and 6 are chosen at Mach 5. The flow in the gtienaregion is complex due
to the presence of multiple shock and expansion waves alatiiglocal flow separation and
reattachment. The standard Spalart-Allmarasiandnodels predict smaller separation bubble,
a delayed initial pressure rise location and yields too lskin friction at reattachment. The
shock-unsteadiness correction dampens the turbulente sihock, hence moves the separation
location much closer to the experiment. This in turn resmtslose matching of the shock

structure, wall pressure and skin friction with the measwests.
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Next, a practical scramjet inlet geometry is simulated atiM&.5. The cowl shock im-
pingemes on the opposite wall to result in a shock/bountiargr interaction, which is the focus
of work. The flow is similar to the above canonical oblique dilboundary-layer interaction.
However, the geometry of the inlet generates additionatlshand expansion waves and adds
complexity to the flowfield. The shock-unsteadiness modifipdlart-Allmaras model is used
in the simulations. The model parameter is calibrated ag#ie experimental data for different
canonical oblique shock impingement cases. The simulapoadict a large separation bubble
inside the inlet duct. The computed separation bubble sizalidated against available ex-
perimental data for canonical flow configurations. The pennce parameters of the scramjet
inlet are then obtained using the computed flow solution.

Three-dimensional shock/boundary-layer interactiotudigd in single-fin configurations
at Mach 5 and deflection angles2)°, 18°, 12° and&°. The inviscid shock generated by the fin
interacts with the boundary layer on the adjacent flat paferim a complex three-dimensional
flowfield. The boundary layer separates to form a conicalexoaind the inviscid shock bifur-
cates to form a lambda structure. Peak values of wall pressu skin friction are observed
along the reattachment line near the corner region of filajenction. The standard model pre-
dicts delayed initial pressure rise location, and the shotdteadiness modification improves
the separation point location and matches the wall preshstrebution with the experiments.

Finally, shock/turbulent boundary-layer interactions aumerically studied on cone-flare
geometries at high Mach numbers. Four test cases with flaglesanf36° and30°, and two
Mach numbers of 11 and 13 are considered. The high Mach nsmésgults in stronger shock
waves and therefore larger separation bubble compareg@&senic interactions. The shocks
are also more inclined to the flare surface. A shock-shoakaction is observed close on
the flare and it results in localized peak values of pressuréte reattachment region. These
peak pressures are absent in supersonic flows. The standinienhce models suppress flow
separation at the corner, and therefore do not reproduceatinect shock structure in the in-
teraction region. The shock-unsteadiness correctiomdejmes the separation bubble observed
experimentally, and matches the surface pressure measotemell. The shock-unsteadiness
corrected turbulence models also predict the flow topologyé interaction region, including
the Edney Type VI shock-shock interaction at reattachnuamtectly.

Overall, the thesis presents a detailed study of shockttenyrayer interactions. The

physics-based shock-unsteadiness modification of S2hlaé [10] is used to improve the tur-
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bulence model predictions. Specifically, the contribugiohthe thesis are as follows.

1. The shock-unsteadiness modification is shown to imprbeeptediction of flow sepa-
ration, pressure distribution and flow topology signifi¢arior different geometries at

varying freestream conditions.

2. The implementation of the correction in the presence oftipte intersecting shocks
and expansion waves is presented. It is shown that a detaledlation of the shock-
unsteadiness parameter based on the local shock strengbh éssential. An average

value of the parameter yields comparable results.

3. Application of the shock-unsteadiness correction talistdlow separation in a scramjet

intake shows its potential in real-life applications.

In summary, it is found that a robust implementation of theckhunsteadiness modifica-
tion yields significant improvement in flow prediction, ispgective of the baseline turbulence
model. The improvements are consistent over a range of geicraad flow parameters. The
shock-unsteadiness correction, therefore, proves to bkilu®r simulating shock/turbulent

boundary-layer interactions in practical configurations.
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Appendix A

Navier-Stokes equations

The instantaneous continuity, momentum and energy equatoy compressible flows can be

written in tensor notation as,

dp 0
— (puw) = — A.2
0 1 %) 1 . dg;
a[p(e + iuzuz)] + 8—%[puj(h + §UZUZ)] - arj (uztm) 8.7}]' (A3)

Herep is the density of fluidy; is instantaneous velocity in thedirection(: = 1,2,3), p is
the pressure ant); is the viscous shear stress acting on a fluid elemeist specific internal
energy,h = e + p/p is specific enthalpy ang is the scalar heat flux. The left hand side (LHS)
of Egs. A.1, A.2 and A.3 represent the unsteady and conwetitansport terms. The terms
on right hand side (RHS) of Eq. A.2 represent the pressupe$oand viscous forces. The first
term on RHS of Eq. A.3 gives the work done due to shear strelssredt;; is governed by
Newton’s law of viscosity as,

ou
tij = 2p8i5 — Ca—xzéij (A.4)

wheres;; is instantaneous strain rate tensor gnslsecond viscosity. Thgis related to molec-
ular viscosityy as¢ = —%u, where the molecular viscosity variation with temperature is
calculated from Sutherland’s formula [91] of viscosityr(for) as,

(1.45 x T3/2)

T 110) x 1076 (A.5)

M:

HereT is temperature in Kelvin and is the Kronecker delta function defined @s = 1 if

i = j andd;; = 01if 7 # j. The second term in RHS of Eq. A.3 represents the heat fluxalue t
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conduction and is calculated from Fourier’s law as,

or i Oh
o - _ A.
9 Kaxj Prp, Oz, (A-6)

wherex is thermal conductivity of fluid and the Prandtl number isegivasPr;, = C,u/k.
In many fluid flow cases the intermolecular forces betweemtblecules is neglected and

the fluid is assumed to be perfect gas which satisfy the fafigwequation of state.

p = pRT (A.7)
e = C,T (A.8)
h = C,T (A.9)

whereR is characteristic gas constant, andC, are the specific heats at constant volume and
pressure respectively. The characteristic gas constarieaxpressed as ratio of universal gas
constantR, and molecular weighd/, of gas as,k = R/M. The universal gas constant has
same value of 8.314 kJ/(kg mol.K) for all gases. The valu& o different for different gases

and for air it’s value is equal to 287.1 J/K.
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